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3. AIRFOIL THEORY

The purpose of this chapter is to present the reader with some
fundamental knowledge of and practical limitations to airfoil {(=sec-
tion) aerodynamic behavior.

Basic geometric parameters used in describing airfoeils are dis-
cussed in Section 3.1. :

A discussion of the fundamental aerodynamilc force behavior of
airfoils including a corresponding non-dimensional parameter analy-
sis is given in Section 3.2.

The most important aspécts of section 1lift, drag and pitching
moment behavior and mathematical modelling are the subject of
Section 3.3,

The resultant force and moment coefficients (lift, drag and
pitching moment) are the result of integrating the section pressure
distribution. Section 3.4 presents a discussion of section pressure
distributions.

The aercdynamic behavior of airfoil sections is very much
affected by Mach number, i.e. by compressibility effects. Sec-
tion 3.5 contains a basic discussion of compressibility.

Aerodynamic behavior of airfoil sections is alsc strongly
affected by Reynolds number, i.e. by viscous effects. A discussion
of Reynolds number effects is given in Section 3.6.

It is feasible in the current state of the art of aerodynamic
computational theory to "design' airfoil shapes to meet certain pre-
specified behavior in lift, drag and pitching moment. A fundamental
discussion of the effect of basic gecometric airfoil parameters on
airfoil performance is given in Section 3.7.

Because of the importance of section maximum lift coefficient
in airplane design (wing and tail) a separate discussion on this
subject is included in Section 3.8.

3.1 AIRFOIL GEOMETRY

An airfoil is a streamlined body which, when set at a suitable
angle of attack, produces more lift than drag. The NACA (National
Advisory Committee for Aeronautics and NASA's predecessor®) has
developed and tested many series of airfoils, which are still being
used today. Ref. 3.1 contains a systematic listing of the most

*
NASA - National Aeronautics and Space Administration

c .
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el

tant NACA aivfoils. The geometrical features of airfoil sec-
tions are defined in the following, referring to Fig. 3.1.

imy

Meari camber line is the line joining the midpoints between the
upper and lower suvfaces of an airfoil and measured normal to the
mear cambsr line. Normally, the measurement can be made perpen-

dicular to the chord line within acceptable engineering accuracy.

Chord line is the line joining the endpoints of the mean camber
line. '

Thickness is the height of profile measured normal to the chord

iine. The maximum thickness to chord ratio, t/c, is called the
thickness ratio.

Camber is the magimum distance of the mean camber line from the
chord line.

Leading-edge radius is the radius of a circle, tangent to the
upper and lower surfaces, with its center located on a tangent to
the mean camberline drawn through the leading edge of this line.

3.2 AFRODYNAMIC FORCES AND MOMENTS ON AN AIRFOIL

When an airfoil is placed in a moving stream of air, an aero~
dynamic force acting on it will be created. Experimentally, this
force {F) has been found to depend on the following variables:
velocity of air, V; air demsity, p; characteristic area or size, 5;
coefficient of dynamic viscosity, y; speed of sound (compressi-
bility effect), Vq and angle of attack, g. To find the general form

of dependence, a dimensional analysis may be used. Since there are
six dimensional variables (¥, V, p, 5, u, Va), three dimensionless

parameters can be found according to Buckingham's 5 - theorem .
Using V, p, and S as the repeating variables; the first dimension-

less parameter may be written as:

d
"y = v, Psdy (3.1)
In terms of the fundamental units: length, g; time, t and mass, m;
Eqn. (3.1) becomes:

Dimp, = ( )‘*(-‘i”~>b< 54 (3.2)
T

Because T is dimensionless, equating powers of like variables
vields:

e
"

Ref. 3.2, p. 183 and Ref. 3.3.
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for m: 0=5>b+1

for 4: 0=a-3b+ 2d+1 {(3.3)

il

for t: 0 -a - 2

Solving the above equations simultaneously for a, b and d, it

is obtained that a = =2, b = -1 and d = -1. Hence:
2 .
Ty ¥fp V78 . (3.4)
Similarly, the second dimensionless parameter can he written as:
b.d :
Ty = v 5%y (3.5)

From this it follows that:
am,b, 2.d,m

Dlmﬂ = (”9 (;:9 (27 (Qt) | (3.6)
Equating powers of like wvariables yields:

for m: 0="b+1

for &: 0=a~-3b+2d -1 (3.7)

for t: 0= -a-1
Solving for a, b and d it is found that a = -1, b = -1 and d = %,
sc that:

T, = = (3.8)

pVs™

By following the same procedure, the third parameter can be shown
to be:

ry =il (3.9)

According to the n—theorem, the dimensionless relation govern-
ing the aerodynamic forces can now be written as:

vV

2 Do @) (3.10)

F/lo V°§ = f'(—2 i
pVS™

1
Replacing S° by ¢, a linear dimension, two important parameters
can now be identified:

v
= Mach number = 3 (3.11>
a
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and:
= - pVe
RN = Reynolds number = ” (3.12)

Hence:
F = o¥’s £(Ry, M, o) (3.13)

For ajrfoils, let 8§ = ¢ x 1, or the area per unit span. For the
force component in the direction perpendicular to the freestream,
i.e., the lift force, it is counvenient to introduce: ’

c
f(RN’ M, a) ﬂ“@% (3.14)

Tt follows that Egn. (3.12) is reduced to its conventional
form:

2 -
= 1. =3
5, cgzpv c c,qe (3.15)

where'cy is the sectional 1ift coefficient and & is the dynamic pres-—
sure. Similarly, for the force component in the freestream direc-
tion, i.e., the drag force, it follows that:

d = cdac (3.16)

From this derivation, it is ocobvious that the lift and drag

coefficients, cg and Cgs are functions of o, RN and M. By the same

process, a moment coefficient c¢_ can also be defined so that the
pitching moment is computed as:

-2
m = ¢ qc (3.17)

where Cn is regarded as positive if the moment is nose-up. Fig. 3.2
defines &, d, m and F in relation to an airfoil at angle of attack,
o

Note that ¢ is the 1ift force in 1b/ft, d is the drag force in
1b/ft and m is the pitching moment in ft-1b/ft. This is sc be-
cause the span was taken to be unity.

3.3 IMPORTANT AIRFOIL CHARACTERISTICS

The following relationships are of fundamental importance to
airplane design and airplane performance analysis:

3.3.1 Lift Curve: <, versus o
3.3.2 Drag Polar: ¢, versus ¢,

3.3.3 Pitching Moment Curve: ¢ Versuso¢ Or ¢ Versus c,
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Examples of these relations are now discussed.

3.3.1 LIFT CURVE: <, VERSUS «

Typical 1ift curves are shown in Fig. 3.3. The linear portion
of thd 1lift curve can be represented mathematically by the equation:

‘g

or: (3.18)

ala - ao)

c, = cga(a - ac)

where "a'" or "c, " is the 1lift curve slope and a the angle of atrack
o

for zero 1lift. The theoretical value of "a" is 2r per radian
(Ref. 3.1, p. 69). However, experiments show small deviatiens from
this value, depending on airfoil shape.

In the nonlinear range it is seen that a definite maximun value

of section Cg , called cg is reached. At that value the airfoil
max
is said to be stalled. Section 3.8 presents a detailed discussion
of airfoil <, and stall behavior.
max

3.3.2 DRAG POLAR: <, VERSUS ¢

d

Typical drag polars are shown in ¥Fig. 3.4. An important para-
meter representing the aerodynamic efficiency of airfoils is the
lift-drag ratio. The maximum Cifcd magnitude can be obtained by
drawing a tangent to the cdch curve. Another important feature is

the magnitude of CR for which (cﬁ/c occurs. The importance of

d)max
rhis feature is illustrated in Chapters 8-12.

3.3.3 PITCHING MOMENT CURVE: e VERSUS o or c VERSUS <,

Figure 3.5 shows typical airfeil c curves. The magnitude of
<. depends on the location of the moment center. One important mo-

ment center which is often used is the sc—called aerodynamic center
{(a.c.). It is defined as the point about which the moment coeffi-
cient is independent of . To find the a.c., assume that the mo-
ment center in an experimental set-up is at a distance x from the
leading edge and the corresponding moment coefficient is S, -

Fig. 3.6 illustrates the geometry. Ignoring the drag effect it
follows that:

— -2 -
c qc = ¢ qc + cgqc(xac - x) (3.129)
ac P
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Figure 3.4 Examples of Airfoil Drag Polars. M = 0.15, Ry = 6.0 x 108
(Taken from Ref. 3.10)
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Figure 3.5 Example of Pitching Moment Curves (Taken from

Ref. 3.10)
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Figure 3.6 Geometry for Finding the Aerodynamic Center

61 61




ar.

c = + ¢ (3.20)

Since . is independent of q, dc:m /da = 0. Hence Eqn. {(3.20)

gives: ac ac
acmx BCR Xac b4
0= -+ - 3.21
aa aa ( C c) ( )
from which it follows that:
8c
Xac X My
c ¢~ BCR (3.22)
Therefore, the a.c. can be located by using the experimental o —cQ
%
curve and e computed with Eqn. (3.20). 1t is found that in low

ac
subsonic flow, the aerodynamic center of many airfoils is roughly
at the .25 chord point.

3.4 ATRFOIL PRESSURE DISTRIBUTION

The pressure distribution over an airfoil is important in leoad
distribution calculations and control surface hinge-moment calcula-
tions. The pressure distribution is normally expressed in terms of
the so~called pressure coefficient Cp which is defined as:

P-pP, P-pP_
C = = (3.23)
2 —_
Py v q

oy X @

At low speeds, Egn. (3.23) gives, according to the incompressible
Bernoulli Equation (Equ. 2.10),
_ V.2
Cp = 1 (v ) (3.24)

[nel

Eqn. (3.24) shows that Cp = 1.0 at a stagnation point (V = 0). An

exanple of a typical low speed pressure distribution on an airfoil
is shown in Fig. 3.7. The effect of angle of attack and of control
surface deflection on airfoil pressure distribution is illustrated
in Fig. 3.8. It is seen that there is a pressure peak near the
leading edge due to the angle of attack and another pressure peak
at the hinge due to control surface deflection. By integrating the

measured pressure distribution properly, 5 and cq can be obtained.

The force coefficients cz and CX follow from:
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Figure 3.8 FExamples of the Effect of o and 8 on Pressure
Distributions ¢
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1
o, = %= « -c rad
ge o pi Pu
(3.25)
1
CX=:X~=§ c. -c
qc o Py, Py
From these it is possible to compute <y and cq as:
cg = ccosa - china
(3.26)

c., = ¢ sina + ¢ cosa
d z X

The relation between c¢,, ¢,, ¢ and ¢ 1is also illustrated in
Fig. 3.7 oy %

The pitching moment coefficient relative to the leading edge
can be computed as:

1
- X a9k
le_e_ = jo (CPQ - Cpu)C d(c) (3.27)

3.5 COMPRESSIBILITY EFFECTS

Due to the variation of local velocity over the curved surface
of the airfeil, the local Mach number of the flow varies consider-—
ablv from that in the freestream-~ By increasing the freestream
Mach number at a given o, eventually a freestream Mach number is
veached at which sonic speed occurs on the airfoil surface. Such

a freestream Mach number is called the critical Mach number.

From the compressible Bernoulli equation {(Eqn. 2.36) it follows
that:

2
2 v
v e 1o e
2 2 y-1 " p P
., P
1
e ' )
-1
y Poop ooy
= L TRy 1]
1o, P B z
v Pep ff . P Y;l
- . o __.1 R e -—l 3-28
i B I v Bt (3.28)

But from Eqn. {3.23):
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C ?1“00 yC M
R R
Therefore it follows that:
Ve =V T - —" (1L + 5 .) - 1] {3.29)

To find the critical Mach number, the expression for local speed of
sound 1s needed:

vy 4 =dP o 2 P
o P

Af the critical condition, FEgns. {3.29) and (3.30) are equated to
solve for the critical pressure coefficient:

9 Y
M_T(y-1) + 2 v-1
C - 2{[ ] -1} (3.31)
Per M vy + 1

Equn. (3.31) gives the value of Cp at that point on the airfoil where

sonic velocity is first reached for a given free stream Mach number.
This expression can be used to determine the critical Mach number of
an airfoil at a given a. Assume that at M_ = 0, the most negatlve
pressure on the airfeil is given by C_ . Accordlng to Glauert” s

Py
the pressure coefficient at the same point and same a but for an-
other M_ is approximately given by:

“p
C = O (3.32)

Pl

/ z .
where v1 - M00 is known as the Prandtl-Glauert Transformation Factor.
4 more accurate formula was given by von Kérmdn and Tsien:™*

K

"Ref. 3.1, p.256
K
Ref. 3.1, p. 258

CHAPTER 3 65

65




c_ = (3.33)

: 2(\)1 -u 7+ 1)

By plotting Eqns. (3.31) and {(3.32) or (3.33) simultaneously, the
¢eritical Mach number may be obtained as the corresponding Mach num-
ber at the intersection. This is illustrated in Fig. 3.9.

Since the lift coefficient of an airfoil is found by dintegrat-
ing CP around the airfoil, it is seen that from Prandtl-Glauert's

formuela (3.32):

“y

O

¢ = e ' (3.34)

L
ﬂl - sz

Similarly, the lift curve slope is estimated by Prandtl-Glauert's
rule:

a = ———t— (3.35)

Prandt]l-Glauert's formula and Karman~-Tsien's are valid only below
Mbr" Because the 1ift curve slope is increased, the 1ift curves of

airfoils at different subsonic M are as shown in Fig- 3.10.

With further increase in freestream Mach number beyond the cri-
tical value, a supersonic region on the upper surface will appear.
Eventually, a strong enough shock wave will terminate the super-
sonic region and may even separate the boundary layer. This is
illustrated im Fig. 3.11. Due to shock induced flow separationm,
the drag coefficient will increase sharply. The {reestream Mach
number at which acd/aM = (.1 has been defined as the drag diver-

gence Mach number (Mdd)° This is the so—called Douglas-definition.

Another definition of drag-divergence Mach number is the so-called
Boeing~definition. This latter is that Mach number for which
Acd = ,0020 above the incompressible drag level. Both definitions

are illustrated in Fig. 3.1Z.
Airfoils designed for transonic cruise applications should have

as high a drag divergence Mach number as possible. Typical examples
of actual dragrise data of some airfoils are shown in Fig. 3.13.

CHAPTER 3 .
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Figure 3.9 Variation of Peak Pressure (Neg.) and Critical Pressure
with Free Stream Mach Number
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Figure 3.10 Compressibility Effect on Airfoil Lift Curve Slope
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3.6 REYNOLDS NUMBER EFFECTS

Due to the large difference in Reynolds number between wind tun-
nel and full-scale flight, ‘the model boundary layer ‘characteristics
will not correctly simulate those of the full scale airplane thereby
creating some obvious wariations in aerodynamic forces. While the
boundary layer on a full-scale wing is oftenmostly turbulent, exten~—
sive'regionsﬁqf,lémiﬁar:flqw,may_gxistJen“a_yipd tunnel model.at a.
low Reynolds number.  ‘The mﬁéifhétideéﬁle'éffect_df“kéynol&é number
is on the drag level and on the maximum lift coefficient., There-
fore, it is essential to simulate the full—scale'fully turbilent
condition on the model surface before the model data can be extra-
polated. ‘The standard practice is to use -a so~called: trip-strip
located at 5% ‘to 10% chord. Such aﬂtrip«strip}consistsfof;a}narrow
band -of distributed roughness of known grit-size. Fig. 3.14 illus-
trates -an-example of trip~strips on a tunnel model. “Ref. 3.4 can be
used as a guide in deternining the location“andjg:itwsize of ‘the

Experiments,in subsonic flow indicated that if narrow, gparsely
distributed, 'bands of roughness are used, the measured sminimum drag
is- nearly unchanged for any roughness height:less-ﬁhan the boundary
layer thickness (Ref. 3.5). This implies that a proper choice of
roughness grit can provide essentially a zero drag'penalty due to
roughness itself as long as the transition occurs. TFor the tran-
sition to occur, the roughness size for a given wind-tunnel Rey-
nolds number based on the roughness height should be at least 600.

Once the bourdary layer characteristics have been correctly
simulated, the Reynolds number correction can be applied as follows.
The minimum profile drag coefficient can be written as:

c = (8.F.) x 2Cf (3.36)

d .
min
where Cf is the skin friction coefficient of a filat plate with the

-same transition location as the airfoil. The shape factor (S.F.)
represents the effect of thickness and the associated viscosity
effects. For a fully turbulent boundary layer, Cf may be calculated

according to Schlichting's formula {Eqn. 2.97):

c, = 0.455 (3.37)

7.58
(Togy oRi)

Several forms of the shape factor are in existence. Hoerner

(Ref. 3.6, p. 6-6) has shown, from a collection of early data, that
the shape factor for sections with maximum thickness at 30% chord
can be represented empirically as:

S.F. = 1 + 2(-2} £ 60@‘4 (3.38)
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It follows that the full~scale minimum profile drag can be obtained
as:

(model) - Ac (3.39)

€4 ‘ {(full-gcale) = cd ) a
min min min
where:
4ﬁcd = Z(S.F.){Cf(model) - Cf(fuil"scale)}”V533*f~“* - (3.40)
min ' '

There are as yet no accurate theoretical methods available for
correcting the maximum lift coefficient.: Jacobs -and :Sherman have
shown some experimental results for the Reynolds number effect on
c for some NACA airfoils (Ref. 3.7). +Additional data can be

%nax‘ . ﬁi  wm~Tm; SR G ug o )
found in Ref. 3.8. Most airplane. companies have their own correc-
tion procedures for extrapolating tunnel ¢ *" to full scale. Such

e o gmax N
procedures are based upon their experience obtained in comparing
model and airplane data.

3.7 DESIGN OF AIRFOILS

To design an airfoil for any specific use, the following
effects of airfoil geometry should be noted:

Camber shape and thickness distribution affect the location
of boundary layer transition and separation points, presgure
distyibution, stall characteristics, cg values, Mdd’
czlcd, etc. mnax

(1) Camber shape will affect mainly oy and S Any increase

in camber will make o and ¢, more negative,

{2) Thickness distribution will change the value of 1ift
curve slope, a.c. location, and center of pressure loca-
tion.

(3) The leading-edge shape has a pronounced effect on stall
characteristics and on CR‘ .
max

NACA has developed several series of airfoils for various appli-
cations. The meaning of the most important airfoil designations is
shown in Table 3.1. Ref. 3.1 contains a fairly complete listing of
NACA airfoils including their aerodynamic characteristics.

Note that the é-series airfoils were designed to have mean cam—
ber lines producing a uniform chordwise loading from the leading
edge to x/c = a, and a linearly decreasing load from this point to the
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Table 3.1 Examples of NACA Airfoil Designation

4-digit airfoils: fxample NACA 4412
b - camber 0.04e |
4 — Position of the camber at.O.hc from L.E. ..

12 — Mﬁx,tthickﬁesé 0.12¢

5_digit airfoils: Example NACA 23012

camber 0.02¢
'Thiéﬂdesign 1ift éoefficientilg C:i5fﬁiﬁés‘ ﬁelfirst
- digit for this series. =~ ’ i

position of camber at Y20 ¢

"‘36 —

12 ~- Max. thickness 0.12c¢

6-series airfoils: Hxample NACA 65, — 21

f —— Series designation
5 —w Minimum pressure at 0.5 ¢
3 —— The drag coefficient is near its minimum wvalue over

a range of 1lift coefficient of 0.3 above and below the
design 1lift coefficient.

4 -

|

design 1ift coefficient 0.4
2] ~— max. thickness 0.21c

7-series airfoils: Example NACA T747A315

7 -~ series designation

4 —— favorable pregsure gradient on the upper surface from
L.F. to 0.4c at the design iift coefficilent.

7 —— favorable pressure gradient on the lower surface from
L.E. to 0.7c at the design 1lift coefficient.

A ~— a serial letter to distinguish different sections having
the same numerical designation but different mean line
or thickness distribution.

3 -- design 1ift coefficient 0.3

15 —— max. thickness 0.15 ¢

2 CHAPTER 3 7




trailing edge. When this is the case, the a-value is given after
the airfoil designation.

Examples are: NACA 66(213)-216, a = 0.6 and 65(318)-217,
a = 0.5, The last two examples are airfoils having thickness dis-
tributionsobtained by linearly increasing or decreasing the ordinates
of the originally derived thickness distribution. In the last
example, the-airfoil has a 17% thickness ratio which was derived
from the airfeil with 187 thickness distribution. The digit 3 re-
presents in tenths, one half of the extent-ofthe low .drag range.
When this digit is omitted, it Iimplies the low drag range to be less
than 0.1. ‘ N

Since the late lQBO’s-NASA,has'engage&,in'designing airfeils
for transonic transport and fighter applications. These so-called

supercritical airfoils have higher Mdd than the conventional NACA

b~series airfoils as illustrated in Fig. 3.13. These airfoils are
characterized by very little camber in the forward portion. On the
other hand, the rear portion is severely cambered. TFig. 3.15
presents an example. ' ' '

During the course of these recent airfoil research activities,
new airfoils for lower speed applications hkave also been derived.
They are low-speed airfoils, such as LS{1)}~0417 and LS(1)~0413, and
medium-speed airfoils, such as MS(1)-0313. The LS(1)-0417 airfoil
is popularly known as the GA(W)-1 airfoil and LS({1)-0413 is known as
the GA(W)-2 airfoil. The thickness and camber line of this airfoil
are compared with a 65~series airfoil in Fig. 3.16. Several key
design features of this 17% thick airfoil are:

(1) A large upper surface leading-edge radius (0.06c) was used
to alleviate the peak negative pressure coefficients and
therefore delay airfoil stall to high angles of attack.

(2} The airfoil was contoured to provide an approximate uni-
form chordwise load distribution near the design 1ift
coefficient of 0.4.

(3) A blunt trailing edge was provided with the upper and
lower surface slopes approximately equal to moderate the
upper surface pressure recovery and thus postpone the
stall.

Test results in RefS.3.9 (for GA(W)~1) and 3.10 (for GA(W)-2)
show that c of this type airfoils is about 30% greater than a
Rmax
typical older NACA 6-series airfcil and Cglcd at cﬂ = (.9 was about

50% greater. Fig. 3.17a and b show some examples. TIn Fig. 3.17b,
the so-called NACA standard roughness is a large wrap-around rough-
ness as compared with the narrow roughness strip now used as NASA
standard.
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Figure 3.15 Example of ‘Supercritical Airfoil
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In selecting an airfoil for an airplane lifting surface (wing,
tail or canard) the following considerations are important:

(1) Dbrag (for example: ‘to obtain the highest possible cruise
speed) . ...

(2) Lift-to-drag ratio at values of CL important to airplane

performance (for example: engine-ocut climb)

(3) Thickness (to obtain the 1dwest‘possible structural
weight) :

(4) Thicknéss distribution (to obtain favorable span leading
and/or high fuel volume). . .

(5) Stall characteristics (to obtain'géﬁfle stall characteris—
tics) -

(6) Drag-rise behavior (associated with item .

It is evident from these six items already that airfoil selec~
tion will be based on a number of compromises between conflicting
requirements. -

Table 3.2 lists a number of practical airfoil applications.

3.8 AIRFOIL MAXIMUM LIFT CHARACTERISTICS

The maximum 1ift characteristics of an airfoil as well as the
associated stall-behavior is of great importance in airplane perfor-
mance.

Whenever the airflow around an airfoil separates, stall is said
to have started. TFrom a P viewpoint there are two types of stall:

gradﬁal and abrupt. Fig. 3.18 shows examples of each type.

The first type is typified by a gradual stall and a shallow
drop-off of - It frequently occurs with moderate or thick sec—
tions.

The second type is typified by an abrupt stall and is often
associated with thin sections. The main features of airfoil design
which affect wing stall and hence, the maximum lift coefficient, are:

thickness ratio

the leading-edge radius

camber

location of maximum thickness.

=T ST o 2 ]

These factors will be discussed in Subsection 3.8.1.
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Table 3.2 Examples of Aidrfoil Application

Adrplane Type Wing Hor. Tail Vert. Tail
Beech Bonanza NACA 23016.5(mod) NACA 0009 NACA 0009
at root
NACA 23012 (mod)
at tip
-3° tyist
Beech Queen Air BEBO NACA 23020 at root RACA 0009 NACA 0009

NACA 23012 at tip
~3° 54" twist

Beech Skipper NASA GAW-1 NACA 0009 NACA 0009
Beech Duchess NAGA 632A415(m0d) NACA 0009 NACA 0009
at root
Cessna (enturion - NACA 642A215 NACA 0009 NACA 0009
at root
NACA 6&1A412
( " at tip
o -3° twist
Cessna T-37 NACA 2418 at root NACA 0012 NACA 0012
NACA 2412 at tip
Cessna 337 NACA 2412 at root NACA 0009 NACA 0009
Skymaster NACA 2409 at tip
-2° twist
Cessna 500 Citation NACA 23014 (mod) NACA 0009 NACA 0009
at root
NACA 23012 at tip
-3° twist -
Piper PA-23 Aztec USA*35-B (mod) NACA (009 NACA (0009
t/c = 14%
~2.5°% rwist
Piper PA-317T NACA 632—415 at root NACA 0009 NACA 0009
Cheyenne NACA 63A212 at tip
~2.5% twist
Lockheed 1326-25 NACA 63A112 at root NACA 0009 NACA 0009
o Jetstar IT NACA 63A309 at tip
! -2° twist
LTV A~7 Corsair NACA 65A007 Not Av. Not Awv.
Northrop F-54 NACA 634 004.8(mod) Not Av. Not Av.
Boeing 747 Boeing Airfoil Not Av. Not Av.

tfc = 13.44% inbd
7.8% midspan

8% tip
McDonnell Douglas Douglas Airfoil Not Av. Not Av.
DC-10 t/c = 12.2% 4inhd

8.47% tip
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3.8.1 GEOMETRIC FACTORS AFFECTING AIRFOIL MAXIMUM LIFT AT LOW
SPEEDS

3.8.1.1 Thickness Rario

Fig. 3.19 shows how airfoil ¢, is affected by airfoil thick-
. max
ness ratio, t/c. Note that for a given thickness ratio, o very
max
much depends on the leading-edge radius. Fig. 3.19 indicates that
the new NASA LS{=low speed) airfoils have much higher cg than
max

conventional NACA airfoils. For the NACA airfoils, a thickness
ratio of about 13% will produce the best value of maximum 1ift. For
the newer LS airfoils the maximum 1ift occurs at around 15% thick-
ness.

3.8.1.2 ‘Leading Edge Radius

Fig. 3.20 summarizes the data of NACA symmetrical airfoils
(Ref. 3.11). 71t shows that c:2 depends not only on the thickness
max
ratio, but alsc on the ratio of section thickness at 5% chord to the
maximum thickness (zslt). The ratio ézBIE) is indicative of leading-

edge radius. Therefore, a relatively large leading-edge radius is
beneficial to producing large c2 at low speeds.
max

3.8.1.3 Camber and Location of Maximum Thickness

Experimental data showed that the maximum 1ift coefficient of a
cambered section depends not only on the amount of camber and camber
line shape, but alsoc on the thickness and nose radius of the section
on which it is used. In general, the addition of camber is always
beneficial to cﬁ and the benefit grows with increasing camber.

max .
The increment to maximum lift due to camber is least for sections
with relatively large radius leading edges (di.e. the benefit of
camber grows with reducing ZS/t); and camber is more effective on

thin sections than on thick sections. In addition, a forward posi-~

tion of maximum camber produces higher values of Cg For example,
max.

the NACA 23012 airfoil (with 2% maximum camber at 0.15 chord) has a

c of 1.79 as compared with 1.67 for NACA 4412 (with 47 camber

Jz’max

at 0.4 chord but the same thickness distribution) at a Reynolds num-—

ber of 9 % 106.
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3.8,2 EFFRCT OF REYNOLDE NUMBER ON AIRFOTL MAXIMUM LIFT

For airfoils with wmoderate thickness ratio, there is a signi~
ficant ingcrease in ¢ with increasing Reynolds number. See
Q’ma‘x

Fig. 3.17a. On the cther hand, for thin airfoils the effect of
Reynolds number is relatively insignificant. In general, these
Reynolds number effects are less for cambered than for symmetrical
sections. At low Reynolds number, the effect of camber is more
significant. The opposite is true at Reynolds numbers greater than

LB . .
6 x 10, where camber loses some of its effect.

3.8.3 EFFECT OF HIGH LIFT DEVICES ON AIRFOIL MAXTIMUM LIFT

The airfoil maximum 1ift coefficient can be largely increased
by using high 1ift devices. In the following, effects of trailing-
edge flaps, leading-edge devices and boundary laver control (BLC)
on c will be discussed.

Qmax T

3.8.3.1 Trailing-Edge Flaps

{a} Plain Trailing-Edge Flaps

Plain trailing-edge flaps are formed by hinging the rear-most
part of the wing section about a point within the contour, as shown
in Fig. 3.21a. Downward deflection is regarded as positive. The
main effect produced by the flap deflection is an increase in the
effective camber of the wing. The resulting lift curve is compared
with that of the plain wing in Fig. 3.22. The flap also makes the
angle of zero lift more negative without significantly changing the
lift~curve slope. However, the stall angle is reduced. The drag
coefficient will be increased such as to reduce the lift-drag ratio.
The pitching moment will be more negative. For most commonly used
wing sections, the deflection angle can be increased up to 15 deg.
without flow separation on the surface. Generally, c increases

' ¥ max
with deflection of this flap up to about 60 to 70 degrees for flap
chord ratios less than 0.3.

It should be emphasized that conventionally cy values are
based on the flap-up chord! max

It should be remembered that leaving a gap between the airfoil
and the flap at the hinge line can result in severe loss in flap
effectiveness. This is because the gap allows the high pressure air
on the lower surface to leak through to the low pressure region on
the upper surface. It has been observed that a gap of 1/300th of
the chord resulted in a less of (.35 in ¢, {Ref. 3.11).

max
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Figure 3.21 Various Configurations of Trailing-Edge Flaps
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{Hy Split Flaps

The usual split flap is formed by deflecting the aft portion of
the lower surface about a hinge point on the surface at the forward
adge of the deflected portion (Fig. 3.21b). Split flaps derive
their effectiveness from the large increase in camber produced.
However, since the upper surface is not so highly cambered, separa-
tion effects are less marked, so that the performance at high o is
improved. The lift-curve slope with split flaps is higher and the
stall angle is somewhat lower than that for the plain airfoil, but
higher than that for a plain flap. The angle of zero l1ift is reduc—
ed, but not by quite so much as is the case with a plain flap. The
increment in ¢ is larger than with a plain flap, but the drag

2max '
increment will be higher because of the large wake.

For airfoils of normal thickness ratio, optimum benefit can be
obtained by using 20 or 257 flap with deflection angles of 60 or
70 degrees. This is illustrated in Fig. 3.23 (Ref. 3.1).

(c) Slotted Flaps

Slotted flaps provide one or more slots between the main por-
tion of the wing section and the deflected flap: see Fig. 3.Z2lc.
The slots duct high-energy air from the lower surface to the upper
surface and direct this air in such a mannmer as to delay flow separa-
tion over the flap by providing boundary-layer control. The high
lift is again derived mainly from increasing the camber. The
increment in <, is much higher than that for a plain or a split

max

flap with less drag because of BLC effect. However, the pitching
moment is relatively large and negative.

Commont flap chord ratios used with slotted flaps are 0.25 and
0.30.

The aerodynamic characteristics of slotted flaps depend very
much on the detailed design of the slot entry and lip. VFig. 3.24
shows some typical results for a single-slotted flap in comparison
with split flaps.

(d) TFowler Flaps

The Fowler flap uses the same principle as the slotted flap,
except that the fiap also moves backwards in addition te a down~
ward deflection: see Fig. 3.21d. Thus, the effective wing area
is increased!

The effectiveness of the preceding flaps a) through d) is com~—
pared in Fig. 3.25. One important experimental result is that
Ac2 due to flaps may be considered as independent of Reynolds
max
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Figure 3.25 Comparison of Effectiveness of Various Flaps
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number. Also, the flap does not have a significant effect on
dcm/dci and hence the aerodynamic center is not significantly affect~
ed,

Table 3.3 lists typical trailing edge flaps used on contem—
porary airplanes.

Table 3.3 Examples of Leading and

Trailing Edge Devices in Use

Airplane Tailing Edge Flaps Leading Edge Devices

Cegsna 152 Simple Slotted None

Cessna 414A Split None

(Chancellqr) '

Cessna 425 Fowler None

(Titan)

Boeing 707 Yowler Kriiger Flaps

Boeing 737 Triple Slotted Fowler Kriiger Flaps and Slats

Boeing 747 Triple Slotted Fowler Variable Camber Flaps
and 3-section Kriiger
flaps

Beech Duke Single Slotted None

Beech Xing Adir Single Slotted None

Grumman E-2 Fowler and Drooped None

Hawkeye Ailerons

Grumman Single Slotted Fowler Slats

Gulfstream II
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3.8.3.2 Leading-FEdge Devices

Various leading-edge devices are shown in Fig. 3.26.
{a) and (b} Slats

Leading-edge slats (see Figs. 3.26a and b) are airfoils mounted
ahead of the leading edge of the wing such as to assist in turning
the air around the leading edge at high g and thus delay leading-~
edge stailing. They may be either fixed in position or retractable.
The use of siats may increase ¢ by as much as 0.5. The effect

. : max :
can alsc be seen in Fig. 3.24.

(¢} Slots

When the slot (see Fig. 3.26c) is located near the léading
edge, the configuration differs only in detail from the leading-
edge slat. Additional slots may be introduced at varous cherd-
wise stations. The effectiveness of the slot derives from its
BLC (=Boundary lLaver Control) effect. At low ¢, fhe minimum pro-
file drag may be greatly increased with such slots.

(d) through (g) Leading—-Edge Flaps

A leading-edge flap may be formed by bending down the forward
portion of the wing section to form a droop: see Fig. 3.26d.
Other types of leading-edge flaps are formed by extending a sur-
face downward and forward from the vicinity of the leading edge
(Kxliger flap): see Figs. 3.260e through g- Although they are not
as powerful as trailing-edge flaps, they are mechanically simpler
and they are effective when combined with trailing-edge high lift
devices. Leading—edge flaps reduce the severity of the pressure
peak ordinarily associated with high o and thereby delay separation.

Some test results for NACA 647012 airfoil with leading- and
trailing-edge split flaps are presented in Fig. 3.27. The flap
angle indicated in the figure is measured clockwise from the air-
foil lower surface. Tt is seen that the upper surface leading-edge
flaps appear to be mdre effective in increasing c .

3
max

3.8.3.3. Boundary Layer Contrel

Higher maximum lift coefficients can also be achieved by bound-
ary layer control (BLC). This idea may involve injecting high-speed
gas parallel to the wall (called "blowing"), or removing the low-
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a) FIXED AUXILIARY WING SECTION: (FIXED SLAT)

b) LEADING EDGE RETRACTABLE SLAT ((HANDLEY PAGE
' OR POWERED)

d) DROOPED IEADING EDGE

]

e) UPPER SURFACLE LEADING EDELE FLAF

]

g7 FLAP HINGED ABOUT LEADING EDGE RaDWS { HRUGER)

Figure 3.26 Various Configurations of Leading-Edge Devices
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energy boundary layer flow by "suction,” or both. Blowing is done

to re-energize the boundary layer flow to delay the separation, while
suction is equivalent to eliminating the low-energy shear layer.

Fig. 3.28 shows “thdt with the slot internal pressure 12 ¢ higher

than the free—stream static pressure and slot width of 0.667%c,

c can be increased from 1.5 without blowing to 2.9 with blowing.

2
max

Suction effect can be provided by using a suitable suction pump
to suck the shear layer through porous airfoil skin. Th;é was
successfully applied to an F-86F airplame in 1953. This type of
boundary layer contrel can not only increase the lift, but also de-
lay transition to reduce the sskin friction drag. This is one con-
cept used in the so-called laminar flow contrel. On the other hand,
some suction can alsoc be achieved by ejector blowing, as shown in
Fig. 3.29. This principle has been used in the design of the NASA
Augmentor Wing STOL airplane.

It should be noted that when the blowing slot is at the flap
hinge and the blowing air momentum is high, the device is frequent-
1y referred to as the blown flap. In this case, not only can the
flow separation over the flap surface be delayed, but also the circu-
lation, and heénce the 1lift, can be increased. For more detail on
. the effect of blowing the reader should consult Refs. 3.13 and 3.14.

3.9 SUMMARY

in this chapter several important airfoil characteristics were
described and experimental evidence shown.

Based on the currently existing computational state-of-the-art
of airfoil design (Refs. 3.15 and 3.18) it seems reasonable to state
that for any new airplane design specific airfoils should be tailor-
ed.

To achieve the desired balance between conflicting requirements
for stability and control on the one hand and performance (such as
fuel effieciency) on the other hand it is mandatory to derive speci-
fie airfoils to meet specific design objectives.

An indication of the excellent agreement between computational
theory and experimental data which is now quite common is given in
Fig. 3.30.

The reader might ask the question whether or not it is possible
to control camber in flight in a continual manner. This thought is
behind the so-called NASA mission adaptive wing concept, being
tested on an F-111 fighter (Ref. 3.19}.
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Problems for Chapter 3

3.1 4An airfoil of thickness ratio of 17% has the following geome-—
trical and aerodynamic characteristics:

x/e  (z/c)upper (z/c)lower Cp(upper)
at Mm = 0.0
0.0 0. 0.
0.005 0.02035 ~0.01444 -0.35
0.0125 0.03069 -0.02052. ~0.13
0.025 0.04165 -0.02691 ' ~0.48
0.05 0.05600 -0.03569 ~0.70"
0.075 0.06561 ~0.04209 -0.76
. 0.100 0.07309 -0. 04700 ~0.77
v 0.150 0.08413 -0.05426 ~0.75
0.20 0.09209 -0.05926 ~0.75
0.25 0.09778 -0.06265 ~0.73
0.30 0.10169 ~0.06448 ~0.73
0.35 0.10409 ~0.06517 ~0.73
0.40 0.10500 ~0.06483 ~0.725
0.45 0.10456 ~0.06344 ~0.723
0.50 0.10269 ~0.06091 -0.72
0.55 0.09917 ~0.05683 -0.71
0.60 0.09374 ~0.05061 ~0.66
0.65 0.08604 ~0.04265 ~0.588
0.70 0.07639 ~0.03383 ~0,50
0.75 0.06517 -0.02461 ~0.35
0.80 0.05291 ~0.01587 ~0.26
0.85 0.03983 ~0.00852 ~0.16
0.90 0.02639 -0.00352 ~0.05
9.95 0.01287 ~0.00257 -0.05
1.00 ~0.00074 ~0.00783 0.10

Derive an airfeil with thickness ratio equal to 13% and having
the same camber.
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3.9

¥

For che alricil of Prob. 3.1, caleulate and plot the pressure
distribution at M_ = 0.60 and M_ = 0.0 through the Prandtl-

Glauert rransformarion.

For the airfoll of Prob. 3.1, find the critical Mach number.

An airfoll has a lift-curve slope of 6.3 per radian and angle
0f zero 1ift of -2°. At what angle of attack will the airfoil
develop a 1ift of 140 1b/ft at 100 mph under standard sea-
level conditions? Assume ¢ = 8§ ft.

The test results of a NACA 23012 airfodil model at RN = 3 x 106
show the following:

<

v ‘2

0 0.15 "cd = 0.0065
: S min

9 1.2 .

Determine the 1ift curve slope per degree and per radian.

6

For the airfoil of Prob. 3.5, determine c if RN = 20 x 10",

d

min
For the airfoil of Prob. 3.1, determine the pressure coeffi-
cient at ®/c = (.10 when the airspeed is 450 mph under standard
sea-level conditions. Use the Prandtl-Glauert and Kaérman-Tsien
formulas. -
The pressure at a point on an airplane flying at 250 mph at

gea level is 8 psi absolute. Find the pressure coefficient
at this point.

Prove that Egqn. {3.9) is correct.
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4. WING THEORY

The purpose of this chapter is to familiarize the reader with a
aumber of key aspects of wing (or planform) theory and applications
thereof.

After a definition of basic planform geometric parameters in
Section 4.1, a discussion of circulation, downwash, 1lift and induced
drag is presented in Section 4.2.

From a design viewpoint, span efficiency, aerodynamic center
location, stall behavior, high speed characteristics and flaps are of
utmost importance. Section 4.3 through 4.7 present introductions to
these subiect areas,

It should be evident to the reader that the following discussions
of wing theory apply to any lifting surface. They are therefore also
applicable to tails, canards and other types of surfaces which may be
used on airplanes.

4.1 DEFINITION OF WING PROPERTIES

Fig. 4.1 shows a typical wing planform. Geometric wingspan, b,
is the distance befween tip to tip of the wing, measured perpendicular
to the airplane or wing centerline, regardless of the geometric shape
of the wing. The area of a wing, S, is the projection of the planform
on a plane of reference which is usually the chord plane. The wing
is considered to extend without interruption through the fuselage
and/or nacelles. The wing aspect ratio is defined as:

b* ’
A (or AR) = o _ (4.1)

The taper ratio, A, is defined as the ratio of the tip chord . to
the root chord c - Thus:

A= (4.2)

#
The mean aerodynamic chord (MAC) is frequently used to define
the pitching moment coefficient (see Eqn. 4.7). It is here defined
as:

-5 B/2
MAC = ¢ = S

570 Czdy {(4.3)

*
Strictly speaking, this chord should be called mean geometric chord
(m.g.c.). '
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For straight tapered wings, Eqn. 4.3 can be evaluated to give:

) (4.4)

A simple construction to find the ¢ on an arbitrary straight
tapered planform is illustrated in Fig. 4.2. '

The sweep angle, A, is the angle between a line perpendicular
to the centerline and the leading edge or the quarter chord line.
It is denoted as A or A . :

LE c/4

Following the expressions of force and moment equations for air-
foils {Eqn. 3.15 through 3.17) the wing aerodynamic forces and moment
are written as:

L= CLqS (4.5)
D= CDqS (4.6)
M = C gSc (4.7)

4.2 CIRCULATION, DOWNWASH, LIFT AND INDUCED DRAG

Circulation about a wing is produced by the difference in pres—
sure between the upper and lower surfaces of a wing, which induces
a flow from the lower surface toward the upper surface around the
leading edge and tips. The strength of this flow is measured in
terms of circulation. This effect can be represented by means of a
bound vortex distribution on the wing and its associated trailing
vortices. ¥ig. 4.3 illustrates these ideas. The net effect of the
trailing vortices is to produce a downwash velocity distribution,
w on the wing. From Fig. 4.4, it follows that:

o = 7
tancxi Gy =y (4.8)
The total force om the wing is given by:
b/2 '
F =17 pVIdy (4.9)
-b/2

according to Egn. (2.78). Since o, is small, F % I, and therefore:

D, = L tang, = L
i

: = Lai (4.10)

<=

P
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Figure 4.5 Relationship Between Wing and Streamtube
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Let w. be the downwash far behind the wing. Consider a stream tube
of créss-sectional area S' behind the wing. Fig. 4.5 illustrates
the wing and the streamtube. Two methods for calculating lift will
now be considered:

& Momentum Method
e Energy Method

Momentum Method

According to the linear momentum principle, assuming uniform
downwash over S',

W
L = pV(S'V) m{g = pw, (3'V) (4.11)

Tnergy Method

The work done on the air mass per unit time equals the kinetic
energy increase per unit time. Therefore:

D.V = pS'V =~ (4.12)

or:

= v
D, =08 5 (4.13)

Recalling Eqn. {(4.10):

w 2
Dy ps'"%“ V“le
T R e = L
L o e pS v (4.14)
And from this:
Vw 2
pw, (8'V) = ps' 1 (4.15)
1
2w
or:
2w o= W (4.16)
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Thus, the induced downwash far behind the wing is twice that on the

. 2
wing. With 8% taken to be j%—3 it follows from (4.14) that:
b2

L = p(2w) —“—4— \ (4.17)

Solving for w:
C.qSV  C.SV C.V .
we=—2k . L L _ L (4.18)
2 TA

pnbzv nbza b
Therefore, the angle di is now found from:
=L (4.19)

Similarly, from Egn. (4.10):

— CL
Di = Lai = CLqS-EK (4&.20)
And therefore it follows for the induced drag coefficient that:
Di CL2
CDi = *_(::I‘g iy (4.21)

The above equations are valid for wings with elliptical loading (i.e.,
uniform downwash distribution). The induced drag coefficient for
this case has been shown to be minimum. This condition can be
achieved by using an elliptical planform (Ref. 4.1, p. 142). When the
downwash distribution is not uniform, a factor 'e' is introduced as
follows:
2
CL

CD = ek (4.22)
i

Therefore the induced angle is:

‘L
“1 7 TeA ‘ (4.23)

*
where e = span efficiency factor . Experimentally it is found that
e = 0.85 ~ 0.95 for the wing alone.

The factor eA is often referred to as the effective aspect
ratio, Aeff' The total drag coefficient for g wing can therefore be

written as:

%
The factor, e, is alsc known as Oswald’s efficiency factor.
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(4.24)

where CD is the (lift independent) sum of skin friction and pressure
o
drag.

Assume that two wings have high but different aspect ratios.
Also assume that they have the same airfoil. TIn that cases, according
to Prandtl's Lifting Line Theory (Ref. 4.1, p.137) if these wings are
placed at the same effective angle of attack @ - oy their lift co-

efficient CL must be the game where-aa = o= is the absolute angle

of attack and o is the angle of zero lift. Therefore:

C C
L L
T = B (4.25)
a, (e A)l a, 1{e A)2
or:
C
L 1 1
a = g +___[ - ] ([4.26)
24 a, 1 (e Ajl (e A)2
Since:
CL = an (aa in rad,) (4.27) -
it follows that
C C. C
1. 1L L 1 1
== - ] (4.28)
2y a, 7 (e A)1 (e A)2
or:
a
a; = 2 (4.29)
a
1 +_mg [ 1 1 1
T (e A)l {e A)2
This equation allows an estimate of the lift-curve-slope a. of a wing

1
with effective aspect ratio (eAJl if the corresponding but different

properties of a second wing are known.

The reader is cautioned to use this Eqn. {4.29) only for aspect
ratios above roughly 5.
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The effect of aspect ratic on the lift curve of a wing is shown
in Fig. 4.6. Wings of various aspect ratios are seen to have about
the same angle of zero 1ift, put the slope of the lift curve increases
progressively with an increase of aspect ratio. This effect can be
deduced also from Eqn. (4.29).

For the same wing area and the same airfoils, the wing zero lift
drag is essentially independent of aspect ratio. Eqn. (4.24) suggests
this. Applying Eqn. (4.22) to two wings of different effective
agpect ratios vields:

#

G =G+ [ :

D D " {(eA)l - (eA)zj (4.30)

From the drag curves in Fig. 4.6, it is seen that although the drag
coefficients for all wings of various aspect ratios are substantially
equal at zero lift, marked reductions in CD occur at higher CL as the

aspect ratio is increased. If Egns. (4.26) and (4.30) are used to
reduce the data of Fig. 4.6 to an aspect ratio of 5, the results will
be as shown in Fig. 4.7. All data points are seen toO collapse into
one curve, except those for aspect ratios of 1 and 2. It follows
that the characteristics of a wing of one aspect ratio may be pre-
dicted with considerable accuracy from data obtained from tests of

a wing of considerably different aspect ratio.

Eqn. (4.29) is used to determine the lift curve slope of wing 1
if the characreristics of wing 9 with the same airfoil section are
known. If wing 2 is of infinite aspect ratio (i.e., two-dimensional
airfoil section), Egn. (4.29) can be reduced to:

A = (4.31)

Note that Egn. (4.31) is accurate only if A > 5> and the sweep angle
is small, such as less than i5 degrees. It has been improved by
Lowry and Polhamus (Ref. 4.3) for arbitrary aspect-ratio and swept
wings as follows:

a = 2h, (4.32)
2
2.2 tan A
2 +v[; R £ S
Z 2
K B
where,
2 =1 (4.33)
and:
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K o= am/ZW/B (4.34)

In Egn. {(4.34), 2v/f is the theoretical sectional 1lift curve slope
obtained by the Prandtl~Glauert transformation (see Equ. (3.34)). It
follows that k is the ratio of experimental airfoil lift curve slope
at subsonic Mach number to the theoretical value. It can be shown
that if A is large and is taken as Aeff’ AC/2 is small, and a = 2w,

Eqn. (4.32) can be reduced to Eqn. (4.31) for M = 0.

More accurate results can be obtained through the so-¢alled 1ifr—
ing surface theories (see, for example, Refs. 4.4 to 4.6). Lifting-
surface theories can calculate not only the lift curve slope of any
arbitrary wings, but also the induced drag, pitching moment and 1pad
distribution,

4.3 EVALUATION OF THE SPAN EFFICIENCY FACTOR e

To expedite performance calculations and to simplify reduction
of flight data, it is convenient to represent the lift-drag curve by
the following equation:

2

CL +C,C. + . .. (4.35)

CD = CO + C 5Cp

1
For wings of A > 3 and A < 30° and net incorporating airfoils dis—
playing low drag buckets, the following parabolic drag polar equation
bProvides a reascmable curve fit for CL values from zero to one:
2
CL
D D Te A

(4.36)

In Eqn. (4.36) the so-called Oswald-efficiency factor 'e' can be in-
creased by the use of tip tanks, winglets and proper wing~fuselage
blending. The basic form of Egn. (4.36) has been shown toc be valid
at supersonic and subsonic Mach numbers. However, at high Mach
mumbers, e has been shown to be Mach number~dependent. This is
illustrated in Fig. 4.8 and Fig. 4.9 for wing-body combinations and
for a supersonic fighter for:

ac
b+

. 5 % Ten (4.37)
L

At supersonic speeds, CD will increase with M because of the addition
0
of wave drag: this is also illustrated in Fig. 4.9,

2
If Eqn. (4.36) is plotted as C. versus CL s the results should

D
be a straight line with the slope being 1/7meA. This has been shown
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to be true only if RN > 5 x 106. Fig. 4.10 indicates this situation
with test data. Table 4.1 shows that actual flight Reynolds Numbers

are usually much higher than 5 % 106.

4.4 AERODYNAMIC CENTER

The aerodynamic center (A.C.) of a wing is defined in the same
way as that of an airfoil section. (See Chapter 3:) It is defined
d4s a point about which the pitching moment is independent of «. This
should be compared with the center of pressure (C.P.) about which the
pitching moment is zero. Thus, the location of C.P. varies with a.

To determine the A.C. from experimental data, assume that the
moment center for the data is at a distance x from the leading edge.
Taking moments about the A.C., (See Fig. 4.11) it follows that:

Cmacqcs = meqcs + CLqS(XaC - xX)ecosg + CDqS(xac - x)sina (4.38)

Solving for kac’ it is obtained that:

cC =-cC
*ac X " mac
- = 7 C.cosa + C_sina (4.39)
¢ c L D
If o is small, Eqn.(4.39) can be simplified;:
- C - C
Fac ~ x My Mac
= om el (4.40)
- - C
c c L
If Cm is known (from experimental data or from pressure distribu-
ac

tion calculations) the A.C. location can be computed. At zerc lift,
the forces on the wing appear as a pure moment. Since a pure moment
may be transferred to any location without changing its magnitude and
since Cm is independent of o, the zero-1lift moment Cm, must be
ac 0
equal to C
I
ac

C =c¢ (4.41)
Fig. 4.12 presents some experimental data indicating typical

A.C. locations for several wings. Empirical methods for determin-
ing these quantities may be found in Refs. 4.9 and 4.10.
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4.5 WING STALL

Wing stall is due to flow separation. How the flow separation
progresses chordwise and spanwise on a wing depends on the following
items:

4.5.1 Adrfoil Stall Characteristies
4.5.,2 ?Planform Geometry and Twist
4.5.3 Stall Control Devices )

Wing (or more generally lifting surface) stall behavior is im-
portant for the following reasons:

%
1. In FAR 23 airplanes the stall speed at maximum weight cannot
be more than 61 knots (for W < 6,000 1bs) and the bank angle, ¢wmust

not exceed 15° between onset of a stall with the wing level and
completion of the recovery.

2. In FAR 25 airplanes an airplane must not reach more than
¢ = 20° between onset of a stall with the wing level and completion
of the recovery.

3. It is generally of great interest for either performance or
for stability and control reasons to achieve the highest possible
CL on a wing (consistent with other mission oriented or manufac=

max
turing cost oriented constraints).

For these reasons the stall behavior of a wing are of great im-
portance in airplane design.

4.5.1 ATRFOIL STALL CHARACTERISTICS

Airfoil stall behavior and the factors which affect it were
discussed in Chapter 3. Sudden basic airfoil stall behavior does
not necessarily mean sudden overall wing stall behavior. The effects
of planform and thrust to be discussed in Subsection 4.5.2 can sig-
nificantly alter the stall behavior of a wing as compared to the
stall behavior of its airfoil(s).

4.5.2 EFFECT OF PLANFORM AND TWIST

The following planform effects are important in determining
stall behavior.

4.5.2.1 Taper Ratio
4.5.2.2 Aspect Ratio

*
Federal Aviation Regulation
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4 3 Sweep Angle
4,5.2.4 Twist and Camber

4.5.2.1 Taper Ratio

A rectangular wing has a larger downwash angle at the tip than
at the root. The effective angle of attack at the tip is thus re-
duced, and therefore, it will stall last. However, as shown in
Section 4.2 it is aerodynamically inefficient, because the planform
is far from elliptical so that it produces more induced drag. To
reduce the induced drag, planform tapering to approwimate the
ideal elliptical planform is often used. With the tip chord reduced,
the local Reynolds number and the induced angle of attack are de-
creased in the tip region. Therefore, the tip section will tend to
stall first for a tapered wing. This is undesirable from a stand-
point of lateral stability in stall entries and stall recovery,

Fig. 4.13 illustrates the effect of téper ratio on tip stall,.
It is seen that as the taper ratio is decreased, the tip loading

tends to increase, thereby promoting tip-stall.

4.5.2.2 Aspect Ratio

With increasing aspect ratio a wing tends t¢ behave more like
an airfoil section (2-dimensional flow is being approximated except
at the wing tip). For that reason it can be expected that CL

max
increases with aspect ratio. However, experimental data indicate
that the increase is slight (Ref. 4.14, p. 4-1). The effect can
also be seen in Fig. 4.l4a.

4.5.2.3 Sweep Angle

For swept aft wings since the wing tips are usually situated
aft of the center of gravity, loss of 1ift at the tips causes the
nose to come up. If the angle of attack is high originally, this
will increase the angle of attack further. This may result in loss
of pitch control. This phenomenon is known as pitch-up.

The reader will note that a swept forward wing would tend to
exhibit pitch down.

In addition, because of the tendency toward spanwise flow, a
swept-aft wing tends toward tip stall because of boundary laver
thickening. A swept—forward wing, for the same reason, will tend
toward root-stall.

The trend is for CL to decrease with sweep angle (fore and
max

aftl!) according to the so-called cosine scale (Ref. 4.15, p. 339):
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CL (h) = CL (A = O)cosh (4.42)
‘max max

Fig. 4.14 illustrates this trend (Ref. 4.14, p. 16-6).

4.5.2.4 Twist (or Wash—out)

If the angles of attack at various spanwise gtations are not
equal, the wing is said to have twist., If the angle of attack at the
wing tip is less than that of the root, the wing is said to have
washout. With washout, the tips will be at a lower o than the root,
and thus the tip stall may be delayed until after the stall
has occurred at the root.

Fig. 4.15 illustrates how tip stall is affected by a linear
spanwise twist distribution.

4.5.3 STALL CONTROL DEVICES

Various devices may be used to delay tip stall. Some examples
are listed below:

4.5.3.1 Wash-out

This was already discussed in Section 4.5.2. Table 4.2 illus-
trates the magnitude of washout used in several airplanes.

4.5.3.2 Varjations in Section Shape

Different amounts of camber may be used at different spanwise
positions.

4.5.3.3 Leading-edge Slats or Slots Near the Tip

It was already seen in Chapter 3 that leading edge slats or
slots can significantly enhance cg of an airfoil. Such devices
max
can and have been used over part of out-board span of wings to
delay tip stall.

Examples of slatted wings are the F86 and the Sabre Liner. An
example of a wing with a fixed slot is the Globe Swift. Movable
slats are used on the DCY9 and on the 727.

4.5.3.4 Stall Fences and Snags

stall fences are used to prevent the boundary layer from drifting
outward toward the tips due to the spanwise pressure gradient on a
swept wing. An example is shown in Fig. 4.16a. Similar results can
be attained with a leading edge snag as shown in Fig. 4.16b.
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Table 4.2 Examples of Washout in Current Airplanes

Wing Incidence

Adrplane Type At Root At Tip Washout
Cessna Stationair 6 1.5° -~ 1.5° 3.0°
Cessna 310 2.5° - .5° 3.0°
Cessna Titan 2.0° - 1.0° 3.0°
Cessna Citation 2.5° - .5° 3.0°°
Beecheraft T-34C 4.0° 1.0° 3.0°
Beechcraft Baron 4.0° 0.0° 4.0°

Beecheraft Queenair 3.9° G6.0° 3.9°
Beecheraft King Air 4.8° 0.0° 4.8°
Piper Warrior 11 2,0° - 1.0° 3.0°
Piper Cheyenne 1.5° - 1.0° 2.5°
Piper Tomahawk 2.0° 0.0° 2.0°

Figure 4,16

a) Example of a Stall Fence

Figure 4.16 b) Example of a Leading Fdpge (Snag)
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4.5.3.5 Stall Strips

Stall strips are usually small angular devices installed at the
ieading edge to induce stall at some angle of attack. They are often
used as afterthoughts.if the stall behavior of an airplane in flight
is not satisfactory. TFig. 4.17 shows an example.

4.5.3.6 Vortex Generators

These are very small low aspect-ratio 'wings' placed vertically
at some angle of attack on the wing surface. The generators will
produce 1lift under these conditions and will also have associated
tip vortices near the edge of the boundary layer. These vortices
will mix the high energy fluid from the external stream with the
shear layer near the surface. The result is a net increase in
energy near the surface which allows the flow to advance farther
into an adverse pressure gradient before separation. The size and
location of the generators must be such as to penetrate through the
boundary layer. The number of generators and the orientation on the
wing has largely depended on flight test investigation. The use of
vortex generators, while beneficial in delaying wing stall, will
obviously produce additional drag. Fig. 4.18 illustrates a gset of
vortex generators and their effect on the GA(W)-1 airfoil.

Vortex generators are commonly found as 'aerodynamic after-
thoughts' on airplanes. Virtually all jet transports exhibit rows

of vortex generators on wings or on tails.

4.6 COMPRESSIBILITY EFFECTS

As already discussed in Section 3.3 compressibility effects can
have serious adverse effects on drag, lift and pitching moment of
airfoil sections. The szme is true for wings.

Compressibility effects on airfoils can be delayed by thickness
and camber tailoring (Section 3.7). On wings it is possible to
delay compressibility effects by application of sweep. ¥Fig. 4.19
shows two examples.

The freestream velocity vector can be resclved into components
normal and parallel to the leading edge. The normal component is
responsible for the aercodynamic characteristics, and its associated
Mach number is M_ cos A. Tt follows that if the critical Mach num—
ber for the same wing, but unswept is denoted by ¥, then the cri-
tical Mach number for the swept wing would be given by the relation:

ot
w

M cosh =M
cr

or, (4.43)

w

or cosh
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SECTION A-A

Figure 4.17 Example of a Stall Strip
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Figure 4.18 Effect of Vortex Gemerators on Lift (Ref. 4.17)
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Figure 4.20 Effect of Wing Sweep on Delay of Drag Rise
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The above result can also be interpreted in the following way. 1In a
flow with M _, the sectional characteristics would correspond to an
effective Mach number given by Me = M _cosh. For example, if

£E.
Mm = 0.9 which may exceed the drag divergence Mach number for an
unswept wing, the effective Mach number for a swept wing with
A= 30° is:
—_ Oz
Meff 0.9 cos 30 0.779

which may be below the Mdd' Thus, it is possible with a highly

swept wing to delay to high M the troublesome aserodynamic character-—
istics associated with transonic flow. The above argument is exacl-
ly valid only in two—-dimensional flow. The 3-D effects near the

tips and the root will make such a simple relationship too optimis-
tic. A useful empirical formula for an approximate value of M is
(Ref. 4.18, p. 103): °r

%
M M HsecA (4.44)

Fxperiment shows that the use of sweepback not only increases Mdd’

but also reduces the rate at which the drag coefficient rises in
the transonic region. This is illustrated in Fig. 4.20.

Experiment also shows that, other things being equal, a reduc~
tion in aspect ratio gives a rise in Mdd’ and so helps to reduce

transonic drag (Ref. 4.19, p. 15-16). This reductioen would more than
compensate for the "associated increase in induced drag.

For low aspect-ratio wings, edge vortex separation becomes im-
portant. Leading-edge vortex separation is illustrated in Fig. 4.21.
The vortex creates low pressure on the upper surface, and thus pro-
duces vortex 1lift. The vortex separation can alse occur along the
tip chord and along wing or body mounted strakes. In transonic flow,
the interaction of vevtex flow with shock waves can create quite a
complex flow field.

4.7 HIGH LIFT DEVICES, SPOILERS, DIVE BRAKES, SPEED BRAKES

From the definition of 1ift coefficient, the speed in level
fiight is given by:

[ 21, 2 W i
v o= = - (4.45)
VchS JDCL S
If CL is used in Ean. {4.43), the stall speed is obtained as:
max
2 W
= - 46
VS DCL S (4.46)
max
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Figure 4.22
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Figure 4.21 Example of Teading Edge Vortex Flow Separation
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Incremental Lift Coefficient Due to Flap Deflection

at o = 10 deg. and & = 10 deg.
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The ratio, W/S, is defined as the wing loading. Since take—off and
landing speeds depend en VS, 1t is necessary to reduce VS wherever

short runways are to be used. From Eqn. (4146) it is seen that VS

can be reduced if CL and/or § can be increased. Devices which
max

increase the lift can be classified into two categories: change in

airfoil geometry and boundary layer control (BLC). In practical

applications, they may be grouped into trailing-edge flaps, leading-

edge devices and BLC devices. Sectional characteristics of these

high lift devices have been discussed in Section 3.8. 1In the follow-

ing, some three-dimensional effects will be discussed.

Although progress has been made in the past toward theoretical

prediction of CL , the current state—of-art methods are still not
max
satisfactory. Therefore, only semi-empirical methods will be dis-
cussed. In all these methods, knowledge of sectional characteristics,
Cy is iIn general the starting point for any three-dimensional
max

calculation. The latter is made by applying corrections for partial
span effect, fuselage interference, etc. A metheod for estimating
incremental 1ift due to trailing edge flaps below the stall angle
will be discussed first.

4.7.1 LIFT INDUCED BY PARTTAL-SPAN FLAPS BELOW STALL

Fig. 4.22 shows calculated results for a swept wing with a par-
tial span flap deflected by 10 degrees at a = 10 degrees {Ref. 4.6).
It is seen that the incremental sectional 1ift coefficient due to
" the flap varies considerably inside the flap region and Acz is still

quite significant outside the flap region. This is due to the
three—dimensional induction effect (carry-over effect). Although
theoretical methods are accurate enough to calculate the carry-over
effect at Jow flap angle and at low angle of attack, at high angles
experimental results should be used. When sectional data are
available, the method of Lowry and Polhamus (Ref. 4.3) is applicable

for estimating the total incremental 1ift coefficient &CL' This
is summarized below.
Let:
BCL
ACL = EYS OKb = CL(S(S Kb (&4.47)

where ¢ is the flap angle and Kb is the flap span factor defined as

the ratio of partial-span—-flap lift coefficient to full-span 1lift
coefficient. The three-dimensional induction effect noted above is
accounted for through Kb. By proper multiplication and division by

the same parameters, Egn. (4.47) can be rewritten as:
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Lé Lé La La
AC, = (e, 5K, = Ac K (4.48)
L <, 26 b e, /c:Q ¢, fe b
§ d o ¢3
where Aci is the sectional lift coefficient increment due to fliap.
£
Let:
CLS/CL
¢ ¢ fe .
A £ :
& o

be the so-called flap-chord factor. It follows that Eqn. (4.48) be-
comes:

(4.50)

The ratio of lift-curve slopes in three-dimensional and two-dimen-
sional flow can be estimated with Egqn. (4.32):

A
¢ = (4.51)
tan2A a
2 oo, 2
2
3]
The flap-cherd factor has been calculated theoretically and is

shown in Fig. 4.23. The flap-span factor can alsoc bhe calculated
theoretically. However, the empirical resuits given in Fig. 4.24

are known to be more accurate. Note that Kb obtained at a given

bf from Fig. 4.24 is for a flap span starting at the root chord and

= sl a%@ +
™

extending to station b If an outboard partial~span flap is

£

involved, the K ~value to be used in Egqn. {(4.50) should be the dif-

b

ference in Kbmvalues for the outboard and inboard stations of the

flap span. This dis illustrated in Fig. 4.25.

Example: TFor the wing in Fig. 4.22 with a partial span flap deflect-
ed at 10 degrees, find ACL at M = 0.2. This wing is of
A= 8.5, Ac/2 = 21.3 degrees. The inboard and outboard
stations of the flap are at 0.110 and 0.655 of the
semispan, respectively.

Solution: For a taper ratio of 0.253, Kb are found from Fig. 4.24 to
be 0.8 and 0.16 for bf/b/Z = 0.655 and 0.110, respectively.
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Figure 4.26 Determination of Clean Wing Maximum Lift Coefficient
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At cf/c = 0.3, from Fig. 4.23, (aﬁ)c is found to be .66,
£
Hence, Kc = 1.025 for A = 8.5. Now Egn. (4.51) shows that,

assuming a = 21,
o

i 8.5
¢ - : = 0.748

ag) 2
LR J g.57(1 4 tan 2L.37, L,

(1-0.2%)

If experimental sectional data are available for Aci » Eqn. (4.50)
' f

can then be wsed to calculate ACL, For the present purpose, the

following theoretical results (Ref. 4.6) will be used:

Acﬁ = 28(1 + sinv) (4.52)
£

T = cos'l(zxf -1 (4.53)

Xe =1 - cf/c {4.54)

It follows that:

T = cos_l(Z x 0.7 = 1) = 66.42° = 1.1592 rad

Ac _ 0% 7w
be = 2 X 55

0.725 x 0.748 x 1.025 x (0.8 ~ 0.16) = 0.356

(1.1592 + sin 66.42°) = 0.725

il

ACL

This is comparable to 0.333 found by the lifting-surface method of
Ref. 4.6.

4.7.2 MAXTMUM LIFT COEFFICIENT WITH HIGH LIFT DEVICES (REF. 4.20)

A popular method of estimating wing maximum lift coefficient
with high 1lift devices is to add increments of maximum 1ift due to
the leading and trailing-edge high lift devices to the maximum 1ift
for the clean wing. The clean wing maximum 1ift will be discussed
first.

4.7.2.1 Clean Wing Maximum Lift

For high aspect-ratio wings with moderate sweep angles, the
waximum lift is, te a large extent, determined by the sectional
maximum 1ift. A practical assumption in estimating the wing CL

max
in this case is that the complete wing attains the maximum 1ift when
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any section reaches its CE . This is because once a section is
max

stalled, the flow separation spreads quickly to mneighboring sections

as the angle of attack is increased. As a result, the wing will

lese part of its lifring ability.

For this type of wings, CL can be estimated as follows.
max
Assume that the sectional maximum 1lift coefficient, cy . 18 knoown
max
at all spanwise stations. The cy distribution ;s then plotted, as
max

illustrated by the dashed line in Fig. 4.26. Next, a lifting—-sur-
face loading pw:og):a*m’Ec iz used to produce the spanwise 1ift distri-
bution over a range of angles of attack. The wing maximum 1lift coef-
ficient is that calculated value at which the local 1lift coefficient
at any station first reaches ¢ at that station. This approach

Qmax
is illustrated in Fig. 4.26. For the 24-deg swept wing, the estimated
CL is 1.51. This compares with tunnel data of 1.5. For the 35-
max .
deg swept wing, the estimated value is 1.26. The measured CL for

max
this configuration is 1.25, As it can be seen, the accuracy is quite
good for both cases.

Tt should be noted that as the sweep is increased and the
aspect ratio is reduced, the three—dimensional induction effect
becomes more pronounced, with a resulting departure from two-dimen-
sional characteristics. When edge-separated vortex flow is present
(see Section 4.6), wing stall can be delayed to a larger angle of
attack. 1In all these cases, the flow characteristics are quite
chree—dimensional. Ref. (4.9) presents a method for estimating
C for this type of configurations with constant-section un-

Lmax
twisted wings.

4.7.2.2 Maximum Lift Increment Due to High Lift Devices

For efficient trailing~edge flaps, the sectional value of flap
maximum 1ift increment can be used to calculate the three—dimension-
al value by the following empirical relatiom:

S
wi
= L 4.55
R (bey IEGIK, (4.55)
nas flap

where Swf;’Sw ig the ratio of the wing area affected by the trailing

edge flap to the total wing area. The factor KA is empirically

*
Such as that of Ref. 4.6.
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derived to account for the effects of wing sweep and is given by
Ref. 4.20 as:

3/4

_ 2
Kﬁ = (1 .08 cos Ac/a)cos A {4.56)

clé

Other methods are available, see for example, Ref. 4.13.

For leading-edge devices, the sweep effect is more pronounced.
The incremental CL can be written according te (Ref. 4.13, p. 549)
as: HAx

Swf 2
(ACL )] = (Acg )(??mﬁ cos Ac/
m max - W

4 (4.57)

ax .
1..E. Devices

It should be noted that the estimated C_ may be reduced by
max
flow around flap tracks and supports, interference with engine
nacelles, aeroelastic deformation, unforseen leakage paths, ete.

4.7.2.3 Examples of Maximum Lift Coefficient

Some typical attainable maximum 1lift coefficients on various
configurations are presented in Table 4.3. The first twelve con-
figurations represent earlier technology (before 1957) and the data
were compiled in Ref. 4.22. More recent technology typified by the
last three configurations in Table 4.3 indicates that much higher
maximum 1ift coefficients can be obtained with improved airfoil
sections and high 1ift devices.

4.7.3 EFFECT OF TAIL ON MAXIMUM LIFT

Application of high-lift devices results in a significant change
in pitching moment. Trailing-edge flaps usually generate a more
nose~down (negative) moment, while leading-edge devices produce a
more nose—up (positive) moment. These pitching moments must be
balanced (trimmed) by a horizontal stabilizer, such as a tail.

Since the trailing-edge flap is more effective in producing high
1ift, the use of it requires a larger down-load on the tail to trim.
It follows that the tail will decrease the usable wing maximum lift.

To see the tail affect quantitatively, refer to Fig. 4.27. Let

the total lift coefficient be CL. Then:

c, =C +C {4.58)

Talcing the moment about the c.g. and setting the resulting pitching
moment to zero for trim, it is obtained that:

~C. oS (x - x_ )+ C_  gSc - G gSi, = 0
Lw ac cg mac LT 1
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Table 4.3 Summary Chart of Maximum Lift Coefficient Obtained With
Various Types of High Lift Devices (Ref. 4.21)

Crear 58

Figure 4.27 Geometry to Illustrate the Tail Effect
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which can be solved for the tail iift CL
7
X o-ox -
¢, =-~C mﬁgr% +C fw (4.59)
T Lw T Mac T
From Eqns. (4.58) and (4.59), it follows that:

X - X
Co=c (1 -5 . & (4.60)
L L £ m £

W T ac T

In most cases, oo Xcg 50 that the term in the parentheses -of

Eqn. (4.60) is less than one. The wing lift contribution is there—

fore reduced. In the meantime, Cm becomes more negative by the
ac

deflection of trailing-edge flaps. Hence, the usable airplane

maximum 1ift is further decreased by the second term of Egn. (4.60).

It should he noted that a forward mounted tail plane (canard)

will produce more favorable overall CL values,
max

4.7.4 SPOILERS, DIVE BRAKES AND SPEED BRAKES

These devices are either to destroy lift, or add drag to the
airplane. See Fig. 4.28.

It is often advantageous to employ spoilers on the wing, not
only for direct lift control (DLC) but also to provide additicnal
roll control. This will free the trailing edge for full-span high
lift devices. An example of this technology is the Advanced
Technology Light Twin-Engine Airplane {(ATLIT) (Ref. 4.23). Other
recent applications of this approach are several Robertson STOL
Conversions (Ref., 4.24), the new Mooney 321 and the Mitsubishi
Diamond I.

To prevent airplanes from exceeding the speed and Mach number
for which they are designed, or to increase the glide angle, dive
flaps or speed brakes are used.

4.8  SUMMARY

In this chapter, the reader has been given an Insight into the
1ifr, drag and pitching moment behavior of 1ifting surfaces. The
section characteristics discussed in Chapter 3 form a necessary
basis for predicting these characteristics. Methods used were both
theoretical and empirical. '
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Figure 4.28 Typical Configurations of Spoilers, Dive Brakes and
Speed Brakes

Problems for Chapter 4

4.1 A straight, tapered wing of 30 ft. span has leading-edge and
trailing-edge sweep angles of 45° and 15°, respectively. TIts
total area is 280 sq. ft. Tind the magnitudes of root chord,
tip chord and the mean aerodynamic chord.

4.7 The test rvesults of the NACA 23012 airfoil show the following:

‘2

aO
0 G.15
9 1.2
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4.3

4.5

131

If this airfoil is used to comstruct an elliptical wing of
A = 7.0, determine the wing lift curve slope.

A rectangular wing model of 40 in. by 5 in. has the following
characteristics determined from a wind tunnel test:
e = (.87, C; = a = 0.09 per deg. and a, = ~3°. If a full-

4
scale rectangular wing of 42 ft. by 6 ft. is constructed with
the same airfoil section, what 1ift will it develop at ¢ = 5°
and 120 mph under standard sea~level conditions? - Assume

e = 0.87 for the full-scale wing.

The following data are obtained from a wind tunnel test of a
wing (A = 10.32) for an advanced light twin airplane:

% 4 %
-2 0.0634 0.00690
0 0.2598 0.0083
2 0.4545 0.01413
4 0.6483 0.0231
6 0.8412 0.0349
8 1.0327 0.0495
10 1.2217 0.0668
L2 1.4G59 0.0865

Determine the drag polar equation if Hqn. (4.36) is assumed
applicable.

The following data are obtained from a wind tunmel test of a

wing:
At CL = 0, Cm(E/&) = 0,126
At CL = (.6, Cm(E/S) = ~(,15
Find the a.c. location and Cm . Assume small angles of attack.
ac

An airplane weighing 5000 1b. has a wing area of 250 ftz. If
the lift-curve slope is 6.0 per radian and the angle of zero
lift is -2 deg., calculate the angle of attack {(in degrees) of
this airplane at a level flight speed of 200 mph under standard
sea-level conditions.

How fast must the wing of Prob. 4.4 travel at o = 4° tgo pPro-
duce a 1lift of 1.87 KN at 9,000 ft. altitude? Assume standard
atmospheric conditions. § = 155 gq. ft.
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4.8 A low-speed airplane has the following characteristics:

Adrfodil: NACA 23012, with a_ as shown in Prob. 4.2.

o = -1.8°%.
0

Aspect ratio 9 and » = 0.5

Ac/2 = 0. b = 31.4 ft.

1t is equipped with a partial span flap as shown in the follow-
ing sketch. During take-off, the angle of attack is set at

8 degrees. Determine the flap angle to generate a total Lift
coefficient of 1.34. (Hint: Use Eqmns. 4.32 and 4.52).

-———~.i8§'-m--i
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5. AIRPLANE DRAG

The purpeose of this chapter is to familiarize the reader with
the basic principles of airplane drag. The most important drag
sources will be pointed out and explained. Mathematical and experi-
mental techniques used in representing and predicting drag are
presented.

Section 5.1 presents a discussion of complete airplane drag
behavior. To understand where the contributions to drag originate,
a more detailed discussion is given in Section 5.2Z.

A discussion of windtunnel testing procedures is presented in
Section 5.3.

A simple method for estimating airplane drag polars is given in
Section 5.4. For more detailed methods, the reader is referred to
Refs. 5.1 and 5.2.

5.1 COMPLETE AIRPLANE POLARS

5.1.1 CLEAN AIRPLANE

A clean airplane is defined as an airplane in its cruise con-
figuration.

For conventional airplanes it is often possible to represent
the relationship between clean airplane drag— and lift-coefficients
by the following parabolic form:

2
C
L

CD = CD + The (5.1)

where: CD is the so-called zero lift drag coefficient

Q
and: e is Oswald's efficiency factor. A value of e=l would indi-
cate an elliptical 1lift distribution.

Magnitudes for C and e in a practical situation are found

D
o

from experimental, theoretical and/or empirical methods.
Fig. 5.1 shows an example of a theoretical drag polar in

accordance with Eqa. 5.1. Point A indicates the point of maximum
1ift-to-drag ratio. The reader is asked to verify that at Point Al
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C, = 2cD at G for LL/th

0 max

and
: :\,‘% C
CL for CL/CD lmax | e DO

Fig. 5.2 presents two comparisons of actual drag pelars with
their theoretical form according te Eqn. (5.1). It is seen that the
parabolic approximation is reasonable only for a limited range of CLF

¥ (5.2)

values. One reason is that at high Cvaalues the flow will start to

separate. This creates extra drag.

The two airplanes of Fig. 5.2 differ widely in drag levels. This
is due in part to the propulsion system differences (jets are
‘cleaner' than props) and in part due to better aercdynamic design.

In general it is found that Eqn. (5.1) represents airplane drag
reasonably well only for low subsonic airplanes with wings without a
significant amount of camber and twist. The §-211 of Fig. 5.2 does

have highly cambered airfoils which is one Teason why CD # CD
o min

For airplanes such as the 5211, with significantly cambered and
twisted wings a better drag-polar representation is obtained with
Equ. (5.3):

2
(€, - CLrCELin )
¢ =0 +erag.
min The

(5.3)

where CD is the minimum drag coefficient and CL is the corres-
min min
drag
ponding value for CL.
At high subsonic speeds, whenever shock waves occur and/or where
shock induced boundary layer separation occurs, it is found that
actual airplane drag rises considerably more rapidly than indicated
by the parabolic representations of Eqn. (5.1) or (5.3).

Figure 5.3 illustrates the drag rise behavior of a high subsonic
jet trainer and a jet trapnsport airplane. A cross plot of CD versus
Mach Number for constant CL—values is often used to illustrate the
drag-rise behavior of an airplane. For the airplanes of Figure 5.3
this is illustrated in Figure 5.4.
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In Chapter 3 the so-called Critical Mach Number (Mcrjt} was de-

Fi 2s that free stream Mach number for which sonic velocity (M=1)
first occurs somewhere con a wing or on & body. O0f more interest in
airplane performance calculations is the so-called Drag Divergence
Mach Number (Mdd}. There are two definitions in use in industry to
define Mdd for an airplane, similar to the definitions used for an

alrfoll:

a) Boeing Definition

Mdd is that Mach number for which the drag due to compressi-

bility first is 20 drag counts (ACD = .0020) above rthe

incompressible drag level.

h) Douglas Definition

Mig is that Mach number for which the slope BCDIBM first

reaches the wvalue .10.

Fie. 5.4 illustrates both definitions. In practice these defin-
g P

ivions result 1n Mdd~values which are very close to each other.

As may be seen from Fig. 5.4, the value of Mdd depends on the

lift-coefficient. As was already pointed out in Chapter &4, Mcrit

{and therefore also Mdd) depends alsc on wing sweep angle and wing
thickness. Fig. 5.5 illustrates the sensitivity of Mé
meLers.

4 to both para-

It has slso been peinted out in Chapter 4 that at high Mach
numbers the cccurrence of shock waves and shock induced separation
will cause changes in lift-behavior. 1In fact, if M gets too high, the
phenomenon of buffet occurs. At the buffet boundary, 1ift behaves in
an oscillatory manner. This can cause severe stability and control
problems. The reader may appreciate therefore that there will be an
important inter-relationship between drag, 1ift and Mach Number. A _
good illustration of this important relationship is given in Fig. 5.6.

For airplanes at supersonic speeds, the drag behavior is also
strongly dependent on Mach number and on the 1ift coefficient.
Fig. 5.7 illustrates the drag characteristics of an early supersonic
fighter airplane. For such airplanes, the drag pelar is sometimes
represented by:

C. = C_. + kC {5.4)

Fig. 5.8 illustrates CD , k and CL for the airplane of Fig. 5.7.
0 o
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5.1.2 FEFFECT OF FLAPS, SPEEDBRAKES AND LANDING GEAR

Whenever the airplane configuration is changed by extending
flaps, speedbrakes or landing gear, the drag characteristics can
change drastically. An example 1s shown in Fig. 5.9.

5.2 DISCUSSION OF IMPORTANT DRAG CONTRIBUTIONS

For purposes of understanding the origins and build-up of drag
of airplanes, the drag polar is sometimes split into the following
components:

parasite drag {(i.e. all drapg which is not dependent on the
production of 1ift)

+ induced drag (i.e. all drag which 1s directly dependent con the
production of lift.

In the case of Egns. (5.1) and (5.3) it would follow that CD and
!

CD are in fact parasite drag coefficients while the remaining

min
terms are induced drag. Tn reality, it is difficult to achieve a
'pure® split of drag inte these simple categories. The reason is
that in many airplanes the parasite drag can become dependent on lift
also.

The reader should realize that any drag build-up method is some-
how arbitrary and constitutes only a (hopefully) consistent method
of bookkeeping of drag contributions. Most airplane manufacturers
have developed their own (usually proprietary) methods of book-
keeping.

To help the reader understand the basics of drag component and
gource build-up, the following equation will be used.

C. = (C, )y + (C.) + (C, ) +(C ) o+
. Po'w Py BN/ T Yo'y P w
+ (C_ ) + AC + AC + 4AC (5.5)
Di WB Dmisc DM Dtrim
where: {CD Y = gzero lift drag coefficient of a wing
a W
(CD ) = gzerc 1ift drag coefficient of a body (fuselage,
o B/N/T
nacelle, tiptank)

(CD } = zero lift drag coefficient of {a) vertical tail(s).

oV
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(CD } = zero lift drag ccefficient of a horizontal tail
¢ H
(CD ) = induced drag coefficient of a wing-body combinaticn
i WB
ACI = incremental drag coefficient due tc miscellaneous

) , .
MISC causes. Typical contributers are:

flaps

landing gear

windshield

cooling drag

interference drag

speed brakes

antennas and other protuberances
miscellaneous roughnesses and holes

=
Oy
i

- incremental drag coefficient due to compressibilicy

TRIM = incremental drag coefficient due to trim require-
ments

It should be obvious that if an airplane also has other surfaces
{such as for example a canard surface) their drag contribution is
added te Egn. (5.5).

Fig. 5.10 illustrates a typical drag breakdown for a number of
airplanes. The figure suggests that currently used drag prediction
methods fall short of their mark in the case of light propeller
driven airplanes. In the case of business jets the methods do a lot
better. It is alsc well known that the majeor jet transport manu-
facturers manage to predict drag very accurately.

5.2.1 WING AND TATL DRAG}G:E)“,,(CI%BVJQCIB)H

The drag contributions (C_ )} , (C. )} and (C. )} are generally
D D D
o W oV o B
caused by two effects:

profile or thickness drag
friction drag

The wing profile or pressure drag depends on the pressure dis-
tribution along the wing surface and the amcunt of flow separation
near the trailing edge. On the other hand, the pressure distribution
depends on camber, on alrfoil thickness ratic and on the location of
maximum thickness. In general, the profile drag will be increased if
the maximum thickness is located closer to the leading edge. This is
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: surface will be covered with
be subject to an adverse pressure

depends on the wing 'wetted area’ (= area

airflow) and on the boundary layer (the latter

r : according to Chapter 3 depending on

friction drag coefficient of a wing is often

bulent flow and is referred to that of an
Fig. 5.11. It is seen that Mach number

in friction drag.®

viction dr

ol w owing can be calculated as follows:

L ek o
il and & c depends on planform area
we

chat Fig. 5.11 is for smooth surfaces
Reynelds number to be used in Fig. 5.11

b

the caloulated value. For more detail, see

al equation is often used to calculate
{profile and friction):

S
. ‘ - Lot N wer
(O3 = L LA L)y R D00 R, .. o 5.
plo T kL ) " 1Rg g (5.7
o W W ref
wheve: 1Lo= 1.2 for ~ locared a2t v » .30c, where x_ is the max-
Coomax t o
imum thickness location.
; T
L= 2.0 for © located at x_ < .30
Comax r
RLS defined in Fig. 5.17 and accounts for the increased

Revnolds pumber length due to spanwise flow on a lifting

surimgoe

ER
w

It iz noted that Fig. 5.11 was prepared by converting incompressible
results into compressible values through Eckert!s method (Ref. 5.4).
The necessary physical quantities, such as density and viscosity,

are evaluated at a chosen reference temperature given by Eckert.
Te find the wing Reynolds number it is generally assumed that the

characteristic length of the wing is the mean aerodynamic chord of
the exposed wing.
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C. is cobtained frem Figure 5.11.
£

W

For a wing with given planform area Splfﬁ the wetted area can he

calculated by accounting for the effect of airiocil thickness. Corn-
ing (Ref. 5.5) presented a graphical relation for the airfoil surface
area as a function of thickness ratio by examining NACA 65~series
airfoils. This relation can be used to calculate the wetted area.

Swet = K Splf {5.8)

where the so-called surface area factor (K} can be obtained as:

K = 1.9767 + 0.5333 (5,
(5.9)
= 2.0 :

Mote that if t/c is not a constant for a wing, an average value may
be used in Egn. (5.9).

Values for (CD } and (CD )} can also be computed with Eqn. (5.7).
o H oV

As expected, wing and tail drag increase in proportion to the
wetted area. Airplane cruise drag can thus be minimized by minimiz-
ing these areas.

5.2.2 BODY DRAG (Cp Dy

On a given body, such as a fuselage, the relative proportions
of form drag and skin fricticn drag depend on the shape of the hody.

Those bodies that have predominantly form drag are referred to
as bluff bodies. A thin flat plate set normal to the freestream
would have 'pure' form drag.

These bodies that have predominantly skin friction drag are
called streamlined bodies. A thin flat plate set parallel to the
freestream would have 'pure' skin friction drag.

For a body of revolution, the wain shape parameter is the ratic
of length to maximum diameter —-- called fineness ratio, £/d. For
large fineness ratios, the form drag is reduced, but the skin friction
drag is dncreased because of the large exposed surface. The con-
verse is true for small fineness ratios. The following empirical
formula for calculating the zerc 1ift drag of a body illustrates
this point (Ref. 5.6):
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59 4 60025 (& )‘*—‘f—eic—ij—giz (5.10)
ref

=c, [1+
DO(B> £ {R/d}

¢ C. is the skin-friction coefficient discussed in Section 5.2.1.
Viatlues lor C; can be determined from Fig. 5.11 for turbulent boundary

layers. Typical fuselage fineness ratios for current general aviation

airplanes are shown in Table 5.1. FHNote that Sref is normally taken

to be the wing planform area.

I a body or a fuselage is not properly streamlined, flow sep-
sration may occur. This can create the equivalent of a2 'base' area
which causes so-called 'base drag' in addition tce the drag expressed
by Eqn. (5.10). The base drap coefficient can be computed from
Ref. 5.6 (p.34). Examples of base drag coefficients are shown
in Figure 5.13.

o in the design of a fuselage it is advisable not to exceed about
127 - 15° contour changes in the transition from center-fuselage to

aft~fuselage. Some examples of fuselage configurations are shown in
Fig. 5.14.

5.2.3 WING-BODY INDUCED DRAG, (CD )
i WB
The induced drag of an airplane is mainly contributed by the
wing as discussed in Chapter 4. A small part is from the herizontal
tail in the form of trim drag (see sectiom 5.2.6). For a complete

airplane configuration, several factors which affect the induced
drag of a wing will be discussed below.

{(a) Plan form shape. As indicated in Chapter 4, the minimum
induced drag for a moderate or high aspect-ratio wing may be realized
by using an elliptical planform. ¥or a rectangular planform, the
additional induced drag may be approximated by (Ref. 5.2, Chapter 7):

d
CD.

L\(M%) > 0.003 (5.11)

d4C
CL

Using Egn. (4.24), ZEgn. (5.11) implies that:

A(é-) ~ (0.003)7A (5.12)

For a tapered wing, the additional induced drag will be minimum for
taper ratios in the range of ¢.3 to 0.4 and can be estimated as 1 oy
2% of the elliiptical induced drag.
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Table 5.1 Examples of Fuselase Finencss Ratios and Wetted Areas for
p [at)
General Aviatrion Airecraft

Type R, 3 BN

2 ey K25,

d (FT<) (FTTVJ
Cassna J10 5.02 175 319 1.82
Ceganz 207 5.69 174 425 2.44
Leech Sierva 5.22 146 a3z 2.27
Cessna 185 3.15 176 292 1,68
Beech Bonanza ('38) 4.58 181 323 1.78
Beech Baron 5.69 199.2 362 1.87
Piper Navaio 5.87 228 502 2.19
Cessna 310 53.4G 179 306 1.71
Piper Sencca 5.68 206.5 356 1.72
Baech Duke 5.539 212.9 586 2.728
Cessna 414 5.52 195.7 488 2.49
Beeck King Air 6.06 294 652 2.22
Gaves Learjet 24 8.8 - 232 502 2.18

i
- G2 = P vpses| e 2
e = Canca IR
Grumman American Beach King Air AL0G

AA-5 Traveler

)
e e
5 et

LS B T

Gates Learjet 240

e /G:’*“tiz/gf

oo H =l
Cessna Cardinal RG Hawker Siddeiey H3125

Cessna Skywagan 207 Beach Duke 860

Figure 5.14 Typical General Aviation Fugelages
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{5.13)

. Wing theory shows that the induced
of a randem on 1w ecqual to that of a single wing

2 s iatribution. This follows from Munk's
Stagger Theorem {(Ref. 5.7). Depending on the longitudinal stability
i ne, the tail ey the canard may carry an upload or a
, 11ting addirional induced drag may be appreciable,
discussed in Section 5.4.6.

{e)  Tandem

R e oo

a¥
fJ,,mFs

of the
i TE B

{(f} Winglets. Winglets are smali, nearly vertical aercdynamic
surfaces mounted rearward above the wing tips. ILxamples of their
arrangement are shown in Figure 5.16 for a Boeing KC-1354, in
Figure 5.17 for a Beech Bopanza, and in Figure 5.18 for a Learjet

e

madel D5,

Winclets are placed rearward to avoid the increased velocities
aver the inner surface of winglets being superimpesed on the high
velociries over the forward region of the wing upper surface. There-
fore, increase in transonic compressibility effects can be minimized.

Fuvfhermore, the winglets operate in the circulation flow field
around the wing tip. This wing tip circulation flow tends to produce

iarge sidewash (toward inboard) on the winglet even at low airplane
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Figure 5.15 Various Tip Shapes and Their Effect on Locarion of

Tip Vortex Core (Ref, 5.2)
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Figure 5.16 USAT KC-135A With NASA Winglets
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Fipure 5,17 Beech Bonanza With Winglets

Figure 5.18 Learjet Model 55 With Winglets
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angles of attack. Since the resultant side force is approximately

perpendicular to the local flow, it produces a forward thrust com-

ponent to reduce the airplane induced drag. This situation is in-

dicated in Figure 5.16.% The magnitude of thrust produced depends

on the strength of wing tip circulation which in turn is a function
of the rate of change in wing tip loading.

Note that as indicated in Chapter 4, the induced drag can also
be reduced by using high aspect-ratio wings which can be obtained by
extending the wing £ips. The aerodynamic gain in the percentage
increase in lift-drag ratio for winglets and for wing tip extensions
is dilustrated in Figure 5.19 (Ref. 5.8). It is seen that at the
cruise Mach numbers (indicated by tick marks), the winglets produce
about. an 8 percent improvement in L/D for the KC-135A, about a 4 per-
cent improvement for both 1~1011 and DC-10. Abour 6.3 percent
improvement is realized for g proposed high aspect-ratio super-
critical wing (A = 9.8) model. The wing tip extension is made to
produce the same root bending moment at cruise CL' It is seen that

in these cases except the proposed high aspect-ratic supercritical
wing, the performance gain by wing tip extension is less than that
by winglets.

Figure 5.20 shows the benefit of winglets installed on a Beech
Bonanza. Whether or not winglets are helpful depends apparently on
the configuration and mission phase of an airplane.

Additional information about winglets can be found in Refs. 5.9
and 5.10,

5.2.4 MISCELLANEOUS DRAG, (ACD)MISC

Several additional contributions to the total drag must also be
considered. They include:

5.2.4.1 Drag Due to Flaps

5.2.4.2 Drag Due to Landing Gear

5.2.4.3 Drag Due to Windshields and Canopies

5.2.4.4 Drag Due to Nacelles

5.2.4.5 Drag Due to Speed Brakes

5.2.4.6 Cooling Drag

5.2.4.7 Drag Due to Miscellaneous Roughnesses and Protuberances
5.2.4.8 Interference Drag

Details are discussed below. General methods for calculating
these components of drag can be found in Refs, 5.2, 5.6 and 5.11.

* The winglet works very much like a sailboat "tacking® into the
wind!
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Figure 5.19 Winglet and Tip Extension Performance (Ref. 5.8)
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5.2.4.1 Drag Due te Flaps

This drag increment results from an increase in parasite drag
{AC_ ), induced drag (AC_ ) and interference drag (AC ). That is,
DP Di INT

. _ . 14
AC (flaps) = AC. + AC. + AC (5.1
b Dp Di DINT

Calculation of AC_
DP

The flow field associated with either trailing-edge or leading-
edge high 1ift devices is difficult to calculate. If the two dim-
ensional profile drag increment (Acd } due to flaps is known, the

P
corresponding threg—dimensional increment can be calculated as:
W
£
AC = hg (—=—) cosh 4 (5.15)
DP dp Sref e/

where § is the wing area affected by the flap. Data for estimating
w
f
L\ci due to flaps can be found in Ref. 5.1 and 5.2.

“p

Calculation of ACD
i

Deflection of partial span flaps changes the shape of the span
loading distribution. The additional induced drag is a function of
the incremental lift coefficient or flap angle. 1In addition, the
distribution of zero-lift angle would be changed due to flap deflec-
tion. Hence, the additional induced drag will have a component
proportional te the square of incremental 1ifr coefficient or flap
angle, similar to the twist effect. It can be calculated by using
the lifting-surface theories referred to in Chapter 4.

According to Ref. 5.6, ACD can be calculated empirically as:
i

AcDi K (ACL) cosﬁcla (5.16)

where ¥ is an empirical factor given in Ref. 5.6 and ACL is the incre-

mental 1ift coefficient due to flaps at a given angle of attack,
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Calculation of ﬁCD
INT

The interference drag results from the complicated three-dimen-
sional flow field due to {laps and its interference with neighboring
lifring surfaces. It can be estimated as {Ref. 5.6, p. 3.33):

A
CD

[H

wO.lSACD {split flaps) (5.17)
INT p

ALD

H

+0.404C {(slotted flaps) {(5.18)
. D
INT p

An example of the effect of flaps on drag is shown in Figures
5.9 and 9.11.

5.2.4.2 Drag Due to Landing Gears

Landing gears produce drag during take-off and landing for re-
tractable gears and in all flight operations for nonretractable gears.
Tts magnitude is proportional to the frontal area (i.e. tire width
times ocuter diameter), and alsc depends on the airplane 1ift co-
efficient. Refs. 5.2 and 5.6 can be used to estimate the parasite
drag of wheels, struts, cavities, doors, etc.

It should be noted that the drag increment may vary with flap
deflection, as & result from the downwash field induced by the flaps.
Fig. 5.21 shows the trend for the DC-8 (ref. 5.12). Another example
of landing geal drag is shown in Fig. %.11.

5.2.4.3 Drag Due to Windshields and Capcopies

The drag increment due to windshields and canopies depends on
the streamwise shape, cross—sectional shape, fineness ratic (length
divided by height for canopies), and Mach number. Reference 5.6
presents some design data for estimation and should be consulted.

The different windshield and canopy shapes of Fig. 5.14 suggest
that there is no unanimity on the "best" shape for these items!

5.2.4.4 Drag Due to Nacelles

The incremental drag due to nacelle (jet or prop) is made up of
three components:

1. friction drag
2. profile or pressure drag
3. dnterference drag

The first two types of drag can be satisfactorily estimated by using
the same methods which were used for the fuselage. WNote that the
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wetted area of the nacelle does not include the internal area, since
any drag associated with the internal flow is accounted for in the so-
called installed thrust of the engine.

The interference drag consists of two effects:

1. Viscous effects
2. Induced effects

Viscous effects arise from the change in total wetted area when
the nacelle 1is installed. On the other hand, the induced component
arises from the change in the flow field when a nacelle is placed
close to cther airplane components. This will he further expiained
in Section 5.2.4.7. Ref. 5.6 presents some data for estimating the
induced component of the interference drag.

5.2.4.5 Drag Due to Speed Brakes

Speed brakes are used to separate the air flow so as to create
drag to reduce airspeed. They are plate-like surfaces deflecting
into the aly stream from the upper and lower wing surfaces or the
fuselage. A flat plate placed normal to the free flow can generate
a drag coefficient of 1.2 to 2.0 (Ref. 5.2, pp. 3-16) based on the
plate area, depending on the aspect ratio of the plate (higher
values are obtained for more two-dimensional configurations). When
a plate is attached te airplane components, the incremental drag
coefficient depends on also the location of the plate. On the wing
surface, the maximum drag coefficient can be produced by placing
the brakes near the location of maximum thickness. Various magni-
tudes of Incremental drag coefficient for different speed brake
locations can be found in Ref. 5.2, pp. 13-11.

5.2.4.6 Cocling Drag

This incremental drag occurs primarily in air cocled recipro-
cating engines. It is caused by friction and by momentum losses
assoclated with cooling air being ducted through the nacelle.

Ref. 5.13 (p. 263) contains a geod discussion of cooling drag.
Cooling drag can amount to as much as 15% of the total zero-lift
drag, if poor attention is paid to ducting of cooling air.

5.2.4.7 BDrag Due to Roughness and Protuberances

This incremental drag depends on the condition of exterior
surfaces of the airplane. Its accurate estimation in preliminary
design is difficult. Frequently, a flat percentage on top of the
overall zerc 1lift drag o<f the zirplane (such as 5% for light air-
planes and 2% for jet airplanes) will suffice.
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5.2.4 8

Interference Drag

Irnferference drag avises from changes in the flow pattern that
mpanies the placing of twe bodies in close proximity. Ref. 5.2
(Chapter 8) presents many examples of mutual interference between
components ol aircraft.

Basically, when two streamlined bodies are placed side-bv-side,
the average velocity near the body surface is alwavs increased. The
adverse pressure gradient associated with the decrease in velocity
on the aft portion of bodies is responsible for a considerable in-
crease in the drag coefficient. If the same streamlined hodies are
plared tandem, the drag of the rear body can be largely increased,
€ ig immersed in the low-energy wake from the front body,
fhdt the flow will separate from the rear bedy. Thus, the total
tne two hodies placed close together will be higher than
oi the individual drags. An example is shown in Figure 5.22.

In a2irplane applications, there are occasions in which a small
body iz atiached to a main boedy, such as fuselage. The small body
may be a canopy, a fuel tank or an antenna, etc. In such cases, the
fevence drag can be reduced if the small body is placed in the
:f favorable pressure gradients of the main body. The inter-
F."ana drag originating in wing—fuselage and engine-nacelle config-
urations consists of two types:

a parasitic type, cerresponding to boundary layer and pressure
losses, and
an induced type, caused by changes in the lift distributicn.

The parasitic interference drag is small with the wing near the
nose of the body and the drag reaches a maximum for locations some-
what aft of the maximum dimension of the fuselage. The interference
drag is small again for arvangements near the rear end of the fuse-
lage for tail surfaces. Increased thickness of the boundary layer,
and hence reduced dynamic pressure, near the end of the fuselage is
responsible for the result.

The parasitic (viscous) interference drag of engine nacelles can
be explained in the same way. A rough but simple rule at nearly
zero 1ift is that wing-nacelle interference drag is approximately
equal to the section drag of a wing area twice as large as the wing
sortion covered by the nacelle.

Note that in wing-body and wing-nacelle combinations, the total
wetted area of the wing is reduced!

The induced interference drag of wing—fuselage and wing-nacelle
combinations occurs mainly because of the change in spanwise 1ift
distribution. Because the resulting lift distribution becomes less
elliptical, the induced drag is therefore increased.
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To reduce the total drag, it is necessary for the designer to
tind the appropriate geometric layout of all airplane components
which will result in minimm interference drag. 1In addition, the use
of properly designed transition sections, known as fairings or
fillets, can significantly reduce interference drag.

5.2.5 COMPRESSIRILTITY DEAG, ACD
M

This drag increment includes the variation of profile drag with
Mach number, shock wave drag, and drag from shock-induced separation.

Within a boundary layer, the compressibiiity effect will fn-
crease the temperature. Hence, the density of the air in the bound-
ary layer is reduced, so that the skin friction drag in compressible
flow will be lower. However, because of a simultaneous increase in
viscosity, the decrease in laminar skin friction drag is to a large
degree eliminated. On the other hand, the turbulent skin friction
drag has been found to decrease with Mach number in subsconic flow
as(Ref. 5.2, pp. 15-9):

c = ¢, (L - 0.094%) " : (5.19)

Ccom inc.

The interference drag of wing-fuselage—nacelle combinations is
usually dncreased due to compressibility, and outweighs the decrease
in skin friction drag. One example of compressibilicy drag variation
with Mach number is presented in Figure 5.23.

Reducing the transonic drag due to compressibility effects is
equivalent to increasing the drag-divergence Mach number. One
possible way of doing this is to use transonic area-ruling.

The wave drag in the transonic and supersonic range has been
shown to be quite significant in magnitude. One simple methed for
predicting it is the area-rule concept.

Area rule: The flow about a low aspect-ratic wing-body
combination at transonic and supersonic speeds is similar to
the flow zbout a body of revolution having the same distribu-
tiocn of cross—sectional area.

According to this rule, it can be assumed that at large distances
from the body the disturbances are independent of the arrangement of
the components and only a function of the cross—-secticnal area
distribution. This means that the drag of a wing-body combination
can be calculated as though the combination were a body of revolution
with equivalent-area cross secticns.

The area-ruled methed also indicates the most desirable wav to
arrange the vehicle components for minimum wave drag at a particular
value of M.
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What is needed is a smooth equivalent body of revolutlonm. The
theoretical body of revolution with minimum wave drag is the Sears-
Haack body described by{Ref. 5.15):

r 2 2.2 3/2 R

E =i ghT 1N mgsxsg (5.20)
max

The correponding volume and wave drag are given by:
Vol -2
olume = EE“QAmax {5.21)
9

CD T2 2 Amax (5.22)

wave £

where Amax is the maximum cross-sectional area. Following this idea,

the cross—sectional area of the fuselage must be reduced in the region
of other components, such as wing, tail, etc. A typical distributicn
of cross-sectional area of an airplane is shown in Figure 5.24.

The drag level for the complete airplane configuration is usually
higher than that of the equivalent body of revolution. A typical
comparisen is presented in Figure 5.25 (Ref. 5.17.

Wwhen placing bodies on wings {i.e. a tiptank) or close to a
fuselage (i.e. center engilne nacelle on the DCLO) a lot of attention
needs to be paid to transonic effects on interference drag. Local
area-ruling is then often applied. Examples are the NF5 tiptank and
the DC10 center—engine!

5.2.6 TRIM DRAG, (ACD)TRIM

Trim drag is defined as the drag induced by the horizental rail
to trim the airplane for Cm = (. Tt dees not include the tail pro-

file drag which is accounted for in overall airplane zero lift drag.
Typically, trim drag may vary from 0.5 to 5 percent of total air-
plane cruise drag, depending on airplane type and C.G. locations.

Tor conventional airplanes, the lift, drag and pitching moment
coefficients can be written as:

- {5.23)
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Figure 5.25 Comparison of Equivalent-Body Drag and Configuration
Drag for an Airplane Configuration (Ref. 5.17)
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2 2 -
CLWBV CLH Ay S
= Thie Trie T 5. (5.24)
o RRTAET ”AH Hq “ref
= o T i ,-.
Cm cmo ( C) + cm(zc, o, 6E’ H} (5.25)

where éy is the dynamic pressure at the tail, Tc the thrust coeffi-
1

cient, 6E the elevator deflection angle and iH the tail incidence
angle. 1In addition, all coefficients depend on the airplane geometry
and on the C.G. location. Note that tail 1lift reqguired to tfrim the
airplane in pitching may be positive or negative. In either case,
the drag coefficient is increased by it inm accerdance with Eqn. (5.24).
However, the airplane lift coefficient is reduced by a negative CL

H
Tt follows that lift—drag ratio is decreased by a tail carrying neg-
ative lift.® Whether a tail is required to generate positive or neg-
ative 1lift depends on whether Cm about C.G. is positive or negative.

The sign of Cm about C.G. in turn depends on:
1. C.G. location
2. Thrust coefficient and thrustline orientation

3. Airplane Shape (wing and fuselage camber)

5.2.6.1 C.G. Effect

The effect of .G. location on tail 1ift is illustrated in
Fig. 5.26. It is seen that with a forward C.G., the wing-body
pitching moment is negative, thus requiring a negative tail 1lift to
trim. 1In addition, a forward C.G. location increases the moment arm
so that the pitching moment is more negatively large as compared with
the aft C.G. case. This implies that the elevator deflection angle
will be comparatively larger. On the other hand, as the C.G. is
moved aft, the pitching moment about C.G. may become positive {usually
with a2 small magnitude), sc that a small positive tail 1ift is re-
quired to trim.

An example showing the magnitude of trim drag is presented in
Fig. 5.27.

5.2.6.2 Thrust Effect

Fig. 5.28 shows the importance of thrust coefficient on C . As
can be seen, increasing thrust coefficient is favorable.

#
This is true unless the change in tail 1ift to trim results in a

more favorable total wing and tail spanwise 1lift distribution
according to Munk's staggerwing theorem. (Ref. 5.7)
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The tilting of the thrustline mainly affects Gm in Egn. (5.25}.
O
Proper tilting of the thrustline to make C'n more positive
L

Q
depends con the vertical location of the thrustline relative to C.G.

5.2.6.3 Airplane Shape

The airplane shape (wing and fuselage camber) affects mainly
Cm . One possible way of making Cm as close as possible to being
o 0
positive is to introduce fuselage camber. An example of an airplane
with a significant amount of fuselage camber was the Lockheed Constel-
lation shown in Fig. 5.29.

' 5.2.7  SUMMARY AND TYPICAL EXAMPLES

Fig. 5.30 shows two types of drag breakdown for a typical jet
transport airplane:

. a) compqgent‘breakdown
b) causal breakdown

Table 5.2 presents the drag breakdown for a Learjet model 25.
Fig. 5.31 shows some examples of what a drag "clean-up" program can
achieve on a given airplane. It is seen that attention to detail
can result in significant total drag reductions. Whether or not
such drag reductions are 'cost-effective' can only be determined
after combined cost-performance trade-offs have been made.

5.3 WIND-TUNNEL TESTING

The wind tunnel is an indispensable (and cost-effective) tool
for predicting the full-scale aevodynamic characteristics and for
configuration design optimization, particularly with regavd to drag.
Wind tunnels provide an excellient experimental way in which a system-—
atic drag "build-up" can be realistically obtained.

Figs.5.32, 5.33 and 5.34 provide the reader with some insight in
the detailed construction of a modern wind tunnel medel for a high
subsonic jet trainer. With such detailed components a complete
"component build-up' of drag and all other important aerodynamic
characteristics of the airplane can be measured. Fig. 5.35 shows
tiie assembled (clean) model installed in a windtumnel.

"The installation of Fig. 5.35 is referred to as a "sting-type"
installation. Another popular type of installation is the so-called
"strut—type" installiation. TFig. 5.36 illustrates a typical strut
installation. Table 5.3 summarizes some advantages and disadvantages
of each type of installation.
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Figure 5.30 Tvpical Drag Build up for a Jet fransport Airplane

Table 5.2 Learjet Model 25 Drag Breakdown (Ref, 5.14)

(a) Cruise Drag Breakdown

M=0.75 CL = 0.336 CDwf,O.OBBS
Source &CD % of Total
Profile drag (skin friction) .0180 53.25
Profile drag variation with 1ift .0007 2.067
Interference drag 0031 _ : 9.17
Roughness and gap drag L0015 4., 44
Induced drag L0072 21.30
Compressibility drag 0028 8.28
Trim drag . 0005 1.48
Total G.0338 100.00

(b) Profile Drag Breakdown
C. » Profile Drag = 0.0180
D
P
Ltem Z of AC 4C

DE, DP

Wing 29.57 .0053

Fuselage 34.95 L0063

Tip Tanks 11.83 L0021

Tip Tank Fins 0.54 L0001

Nacelles 6.45 L0012

Pylons 1.61 .0003

Horizontal 9.14 L0016

Vertical 5.91 L0011

Total 100.00% (.0180
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Figure 5.34 Fxample of Component Breakdown for a Windtunnel Model of
§211 Jet Trainer Airplane (Courtesy of STAT-Marchettdi,

Sesto Calende, Italy)
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GLC Model 35/36 with Ground Plane

Figure 5.36 Example of a Model Installation Using Struts

Table 5.3 Summary of Advantages and Disadvantages of Sting- and
Strut-Type Wind Tunnel Model Installation

Sting~Type Strut-Type
(Fig. 5.35) (Fig. 5.36)
ADVANTAGES -« No strut interference. « No model distor-
This is particularly tions are
important for high speed required.

and sideslip testing.

« Internal balance.

DISADVANTAGES < Rear end model dis- » Limited to low
tortions are often gpeed testing
needed to accommodate
the sting. = Fxternal balance.
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With each model installation some means to measure the three
forces and three moments which act on a model must be provided.
Fig. 5.37 shows two examples of "intermal' strain-gauge balance
which are usually employved with "sting"-type model installations.
Fig. 5.38 shows an example of an "external strain- gauge balance
which is usually employed with "strut'-type model installations.

The reader is cautioned in general not to use drag or 1ift data
obtained from a wind tunnel test directly., Several corrections are
required.

Refs. 5.20 and 5.21 provide detailed discussions for subsonic
and supersonic wind tunnel testing and data reduction procedures.

In reducing wind tunnel data for the purpose of predicting the
full-scale characteristics, the following steps are important:

(1} Corrections of the data to account for the weight of
the model (taresg).

{2) Corrections of the data to account for the differences
between the flow field in the tunnel and that in free
flight.

(3) Extrapolation of the corrected model data to the flight
regime of the full-scale airplane.

In the first corrections careful attention must be paid te the
weight difference between various model configuration. It will be

necessary to take weight tares before each run with a new con-
figuration model.

-

Corrections of type ! are discussed in detail im Ref. 5.20.
In the second step, three types of corrections are required:

(a) Tunnel wall corrections to account for the effect of the
limited size of the test section.

(b} Corrections to account for the effects of the model sus-
pension system (azerodynamic interference, elastic
defiections), and

{(¢) Corrections to account for imperfections of the tunnel
flow.

In corrections of type 2 the effect of turbulence produced in
the wind tunnel by the tunnel propellers, the puide vanes, etc,
should be included. One way to indicate the degree of turbulence
in the wind tunnel is by the use of the turbulence factor (T.F.).

It is known that the critical Reynolds number of a sphere
tested in the free air is abeout 385,000, At this Reynolds number
the laminar separation point and the boundary layer transition
peint coincide. The drag coefficient (based on cross—sectional area)
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Figure 5.37 Examples of Internal Strain Gauge Balances for a
“Sting '~Type Model (Courtesy of SIAI-Marchetti, Sesto

Calende, Ttaly)

Figure 5.38 Fxample of an External Strain Gauge Balance System
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number is O 30, If the sphere is now

0 omaximum cross-sectional area) will be denoted by
ie factor is then defined as:

(5.26)

rnoclds number (Rﬁ ) under any testing condition will
EA
e

R, = {(T.F.) = RN {5.27)

N

I the case of type 3 corrections, the sometimes large differ-
ence in Reynolds mumber between (small scale) wind tunnel and (full
scale) [light mnst be accounted for. The most important effect of
the large difference in Reynolds number is on the drag level and on
the maximum Lift coefficient. This is because the full-scale bound-
ary layer characteristics may be different from those on the modal

¥ Wnile the boundary laver on a large aircraft is often
fullyrurbulent, large regions of laminar boundary layer may
: the wodel.  Hince it 1s essential to simulate the full-
davy layer development accurately for drag prediction,
rd practice to solve this problem is to use trip strips
2 narrow band of carborundum grit.

O the wing and tail, the trip strip is normally placed at about
5% to 10% chord. On the fuselage and on nacelles, the location is
lv a2t abouit 5% length.

e

F¢ ke more precise, the trip location should be such that
K 600, where RN is based on the roughness height K, the velo-

city at fhe top of the roughness U , and the kinematic viscosity

at the top of rhe roughness Vg (Ref 5.223.

The method of artificially fixing transition on the tunnel
model described above has been found to produce wing pressure dis-
tributions in good agreement with flight data in subcritical flow.
in the supercritical flow range”, the problem of high Reynolds num-
ber simulation becomes far mwore complicated. This is because the
turbulent boundary layer thickness must be correctly simulated at
the iccabion of the shock wave. If the trip strip is too far forward,
the boundary layer will be unrealistically thick at the shock, so
that the shock may be at the wrong position or a premature shock-
induced separation may occur. Therefore, the trip strip is to be

P

Defined as flow for which M> M |, .
crit
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located further aft than the normal position to simulate properly
the shock characteristics. The correct location may be calculated

by theoretical methods or can be determined empirically. (Refs. 5.22
and 5.23).

It is expected that when the National Transonic Test Facility
at NASA-Langley will become operational in the early 80's, signifi-
cant improvements in transconic testing technigques will occur.

The upshot of all this is that after obtaining the tunnel
model data, they must be corrected for the aforementioned Reynolds

number effects. A possible way is to adjust CD or CD according
min
to the following equation:
CDmin Cgmin
(mfr——awind - (m%?wafull (5.28)
£
tunnel scale
Another possible way is to calculate CD as:
min
CD = CD - ACD (5.29)
min{full scale} min{tunnel) min
where ACD ig the decrease in turbulent skin friction due to the
min

difference in Reynolds numbers. Fig. 5.11 can be used to find

Cf {or) ACD and any adjustment of the drag polar shape can be -
min

done empirically by comparing with polar shapes of existing similar

airplanes.

Any methods used to account for Reynolds number effects must be
checked against flight test data.

Detailed discussions of other corrections are beyond the scope
of this text. However, they can be found in Ref. 5.20. The
accuracy of extrapolating wind tunnel data to full-scale results is
discussed in Ref. 5.24.

Because of the great importance of the effect of turbulence
factor and of Reynolds number on skin friction drag the following
example is presented.

Example 5.1 The drag of a wing model is measured at a2 test Reynolds
number of 3 x 10 and a turbulence factor of 2.0. The
measured drag coefficient is 0.0082. Find the equiva-
lent free~air drag coefficient if the full scale
Reynolds number is 9 x 100. Assume zero Mach number.

185 CHAPTEB__; 185




The effective Reynolds number is given by Egn. (5.27):

6

RN = 2.0 x 3 x 106 = 6 x 10
Using the flat-plate sclution of Egn. (2.97) for tur-
bulent flow, the drag coefficient correction can be
obtained as:

0.455 0.455

6,2.58 6.2.58
(logloéxlO 3 (loglOBXIO 3

6C. = 2.0{ }m -0.6008

D

Hence, the equivalent free-—air drag coefficient of the

model dis:
CD 6 0.0082 -~ 0.0008 = 0.0074
{RN=6XEO 3
Using Fig. 5.11 to correct for Reynolds number it is
seen that:
ACD = 0.00325 (at RN=6x186) - 0.00305 {at RN == 9x106) = (0.0002
min )
Therefore:
C = 0.0074 ~ $,0002 = 0.0072

Dfull scale

5.4  SIMPLIFIED METHOD FOR ESTTMATING DRAC POLARS OF CLEAN AIRPLANES

Although the build-up method discussed in Sections 5.2 and 5.3
with the help of the stated Refevences will yield good drag predic-
fion results, it is a very laborious and time consuming procedure.

The purpose of this section is to present a simple method to
obtain a rapid estimate of airplane drag polars. The method is based
on the so-called "equivalent~flat-plate’ drag of airplanes and
assumes that the drag polar is parabolic:

c 2
CD = CD + L {5.729)
o} TAe

In this method CD is assumed to be determined From:
o

o  "REF

where [ is the ecuivalent parasite area of the airplane. For clean
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airplanes {flaps up, gears up, cooling flaps closed, speed brakes
retracted), the factor f may be found from Fig. 5.39.

It is seen from Fig. 5.39 that to read £ it 1is necessary to
know the airplane wetted area Swet and the equivalent skin friction
coefficient C_.

f
S can be found Ffrom:
wet
= g . -+ + - AS r"‘
Swet wet Swet Spet “wet (5.31}
fuselage wing nacelles intersections
hor. tail

vert. tail

Values for § and S can be obtained from any
wet wet

fuselage nacellies
Teasonable airpiane threeview. By plotting the body perimeter
versus station and integrating under the curves {as sketched in
Fig. 5.40) these wetted area contributions are easily obtained.

For the lifting surfaces it ig recommended to use Eqn. {5.8).

The correction to § s AS is necegsary whenever
wet wet

intersection
significant areas are counted 'twice' because of intersections of a
wing with a fuselage, a nacelle with a wing or an empennage with a
fuselage. -

The choice of the level of Cf, the equivalent skin friction co-

efficient, depends on the production technology foreseen for the
airplane. The user should not be overly optimistic about the level
of aerodynamic smoothness that can be attained in practice. The
specific airplane points in Fig. 5.39 have been entered to give the
user a yardstick against which to judge his own airplane design when
produced with the methods he foresees to be available.

For many airplanes, the value of 'e' in Egn. (5.29) turns out
te be:

ez 75 (5.32)

This value seems to be largely independent of wing aspect ratic
as suggested by Table 5.4, at least for propeller driven airplanes.

Another empirical method for predicting various drag components
of military airplanes in clean configuration is presented in Ref. 5.26.
The method was derived by analyzing flight data of many military air-
planes (mostly trainers and fighters).
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Table 3.4 a)

Summary of Drag Data for Propelier Driven Airplanes

Airplane bDO S e A L/D]max
Douglas DC 3 L0249 .0062 .75 9.14 14.7
Boeing B17G L0236 L0064 .75 7.58 13.8
Seversky P35 L0251 L0076 .75 5.89 11.76
Piper J3 'Cub' .0373 0080 .75 5.81 9.6
Beech D17 § .0182 L0056 .75 418 | 117
(Stagger wing)
Consolidated e
Lonee L0406 | .0096 74| 11.55 | 12.9
Martin B-26 .0314 .0078 75 7.66 12.0
NAA-P51D L0163 L0034 .75 5.86 14.6
Grumman F6F-3 L0211 . 0049 .75 5.34 12.2
Lockheed 1049G 0211 L0042 .75 9.17 16.0
Piper Cherokee .0358 . 0088 .76 6.02 16.0
Cessna Skyhawk .031¢% L0070 .75 7.32 11.6
Beech Bonanza .0192 L0045 75 6.20 | 13.8
v-35
Cessna Cardinal
RC T1 L0223 . (049 .75 7.66 14.2
Cessna 310 1T L0267 0056 .75 7.6l 13.0
Data from Ref., 5.25.
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5.5 SUMMARY

This chapter has given the reader some insight ip drag sources
and drag prediction (theoretical, empirical and experimental} methods.
The importance of airplane drag in determining the operating economy
(fuel economy) cannot be overemphasized. ¥Fig. 5.41 illustrates that
a very large drag reduction potential still exists, particularly in
the case of small airplanes. But even in the case of large airplanes,
if complete laminar flow could be realized, Fig. 5.41 shows that
gsignificant drag reductions can still be obtained. The achievement
of lamirar flow will require much ingenuity, but in the light of in-
creasing fuel costs, is worthwhile pursuing.

Typical General
Aviation Airplanes

e e
3.020¢ o
£ L
S o6k { Shows That Very Large
Y @ Drag Reduction
3 . L~ | potential sili st
< o2t
{2l
& o
@
— . ) .
b - 008 Biack Buzzard % E@ Learjet
|B ® s
95,{}0.& & ® fTurbu!erst @
"  Laminar
(&) .Om H H 1 i 1 i 1] | . }
0.1 0.3 2 5 10 20 40 60 80 95 100

Reynolds No. X 106

Figure 5,41 State-of~the Art and Theoretically Possible Drag Levels
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Problems for Chaprer 5

5.1  Verify Egn. (5.2).
_ 2¢c 2
5.2 Show for Egn. (5.3) that: L . 2CL ,
min min
drag drag
= 7 _
Cp for € /¢ e = 2% Y Tae The
: min
)
XJTFAeCD + ¢ 2
min min
drag
and
£ / ‘ ‘
. - i +
CL or CL CD max The CD . CL ‘
min min
drag

L

192

$how that for twe airplanes having the same wing parasite
drag coefficient and the same span efficiency factor, the
total wing drag of one airplane can be related to that of
second airplane (called & reference airplane) at the same
as follows:

5
w5w+(D - D 3

°ur g wR “WR

D =D
W

SEs

|

where the subscript R indicates reference values.

Let: DO
T T
W v o= WR

WR DWR

(1) Show that for rectangular wings, the equation in
Problem 5.3 can be written as:
bZ

be Lo opy 3
b

r =7
PRCR

rhe
1ife

(2y Given the following characteristics for a typical light

airplane:
W= 2800 1bs, S = 174 ft2, A = 7.4, ¢, = 0.009
oW
CD = 0,017, e = 0.75, cruise altitude = 8000
“syn

Determine T for this airplane at the cruise altitude.
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{3y If B, is the total airplane drag, then:

= a 9
BT rDWR + CD aq o

Prigy = G

Assume that L = bR’ but o # Cp- Calculate and plot
DT/DT(R} versus c/cR for V = 100 mph and 200 mph at
8000 ft. altitude for c/cR = 0.4 ~ 1.0,
5.5 In Problem 5.3, now assume that ¢ = ¢_. Show that if the
span is reduced, there will be a decréase in drag only if:
2

P>'§.

Assume that the pitching moment characteristics of a propeller-
driven airplane are as shown in Fig. 5.28. 1If the elevatoer
deflection will generate an incremental pitching moment co-
efficient given by:

(%]
(o2

calculate and plot the elevator angle (SE) to trim versus the

thrust coefficient for &, = 0. Assume C = ~(0.0Z per
a £ m
degree and a=0", GE

5.7 Test results for a jet trainer are as shown in Fig., 5.42.
Determine the drag divergence Mach number (MDD) at different

CL‘S by boeth Boeing and Douglas definitions.

References for Chapier S
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NOTE !
1) WBVH CONFIGURATION — iy = 2.4
2) FLAGGED SYMBOL DENCTES BODY ALONE DATA

Figure 5.47 Drag Rise Data for a Small Jet Trainer
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